
An Investigation Into Mass and Volume
Reductions on Hydrogen-Electric
Aircraft Propulsion Systems Using
Biased Magnetics in an Interleaved
DC-DC Buck Converter Topology

Thesis submitted to the University of Nottingham for the degree of
Doctor of Philosophy, March 2025.

Bob Walmsley

20312449

Supervised by

Dr Christian Klumpner
Dr Rishad Ahmed
Dr Simon Hart

Natalia Narozanska



Abstract

Hydrogen-electric aircraft offer the potential to support reductions in CO2, NOX

and noise emissions, from the aviation sector. However, integrating fuel cells

and batteries into aircraft propulsion systems introduces the requirement for ad-

ditional onboard power electronic converters. Power electronic converters utilise

semi-conductor switching devices, and energy storage components, such as capaci-

tors and inductors. Currently, these passive components account for approximately

50% of the converter’s packaged volume. Reducing their mass or increasing power

density could lead to overall aircraft mass reduction and package size reduction;

providing a compelling incentive to investigate techniques for improvement.

This research includes two primary objectives. The first objective was to develop

a novel hydrogen-electric aircraft simulation tool, capable of optimising propulsion

system parameters for a selected measure of merit. The tool, designed for prelimi-

nary or conceptual commuter aircraft specifications, enables hybridisation of power

inputs for a mission analysis and trade studies. Specifically, it assesses the impact

of different power converter technologies and drag polar models on overall aircraft

mass. Results indicate that a simplified drag polar model led to an overestimation

of aircraft mass by approximately 6.6%, when using baseline converter technologies.

Additionally, increasing the converter technology level showed diminishing returns

in mass reduction, but still achieved a 1.6% decrease in aircraft mass when baseline

technologies were doubled. Furthermore, in-flight battery recharging resulted in a
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0.89% increase in total aircraft mass.

The second objective focused on enhancing the performance of magnetic compo-

nents within an interleaved buck converter topology. A novel approach was inves-

tigated, leveraging permanent magnets to provide simultaneous DC biasing for a

pair of AMCC-100 inductor cores, and placing them into an interleaved converter.

Experimental testing, using the University of Nottingham’s Galvano Electrochem-

ical Impedance Spectroscopy (GEIS) test equipment, demonstrated significant im-

provement in current handling capabilities, before saturation, ranging from 87%

to 125%, depending on magnet quantity. The complete magnetic arrangement was

subsequently validated through experimental implementation in an interleaved buck

converter rig, confirming the positive impact of biased magnetics on converter per-

formance.

Overall, this study contributes to the advancement of hydrogen-electric aircraft

propulsion systems, by introducing a simulation framework for investigating aircraft

mass and propulsion system configuration, and demonstrating novel technique to

improve the power density of power electronic converters.
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Research Contributions

From a tool functionality perspective, what are the clear and original contributions?

What new knowledge has been generated, that it is not public knowledge?

The main research contributions of this thesis are as follows:

Development of a novel hydrogen-electric aircraft sizing methodology:

This methodology enables the evaluation of hydrogen-electric aircraft mass sensi-

tivity to the quality of modelling assumptions. Specifically, it demonstrates how

the selection of aerodynamic model, with respects to a simplified or extended drag

polar, in combination with input parameter fidelity, directly impacts the accuracy of

the calculated Maximum Take-Off Mass (MTOM). This contribution advances the

field by providing a structured methodology to asses modelling fidelity in early-stage

hydrogen-electric aircraft conceptualisation.

Identification of mass-critical propulsion system components:

Application of the novel sizing methodology has highlighted that away from the

hydrogen storage, the most mass-sensitive subsystems are the DC-DC converters,

particularly so, within the hydrogen branch of the propulsion system. This guides

further research requirements for converter optimisation with regards to power den-

sity, and volumetric efficiency, yielding research priorities for future research on

hydrogen-electric aircraft propulsion systems.

Development of a simplified fuel cell performance model optimised for

cruise:

A reduced order fuel cell model, without the requirements for detailed Nernst equa-

tions or explicit sizing of balance of plant equipment, enables rapid trade studies

with the offering of cruise efficiency as a tunable input, in addition to tunable in-

puts for the fuel cells dynamic response for further trade studies. This contribution

provides a model for use in methodologies where in depth fuel cell development is

not a primary consideration.

Demonstration of the effects of fuel cell dynamic response modelling on
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aircraft mass:

A comparative study has shown that negating a fuel cell’s dynamic response can

yield sized aircraft with an underestimation on the final MTOM, at low hybridisa-

tion levels, relative to that of an aircraft which considers the fuel cell’s response to

changing power demands. This contribution highlights the importance of including

the dynamic response models within the propulsion system modelling, to avoid and

underestimation on the resulting aircraft masses, thereby improving the fidelity of

hybrid-electric aircraft studies.

Assessment of in-flight battery recharging as an operational mode:

The methodology demonstrated that the introduction of in-flight battery recharg-

ing, during the cruise phase of the flight, increases aircraft MTOM by less than 1%,

when compared to an aircraft not factoring in-flight recharge during cruise. This

study has also shown the operational advantages of the in-flight recharge opera-

tional mode. This contribution provides new knowledge into the trade-offs between

the mass penalties and options for operations flexibility for aircraft using hydrogen-

electric propulsion systems.

Critical evaluations of electromagnetic modelling tools:

A comparative study of PLECS, for the closed loop converter simulation when

considering biased magnetics, and ANSYS, for finite element analysis of magnetics

has demonstrated the severe limitations of PLECS as an evaluation tool for biased

inductors and specifically magnetic circuit modelling. This contribution sets out

guidance on tool selection, and magnetics validation, for future work in magnetic

component design, analysis and validation.

Experimental validation of permanent magnet biased inductors:

Original experimental data, based on the patented topology of [1], has shown pos-

itive improvements for the current handling capabilities under varying levels of

magnetic bias. This work validates the use of permanent magnets to bias inductors

cores for the potential improvements to inductor parameters, such as reduced turns

count or core volume reduction, when designing inductors.
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Demonstration of improved converter performance through magnetic bi-

asing of inductor cores:

Original experimental work has confirmed that incorporating permanent magnet

biased inductors into an interleaved converter configuration delays the onset of in-

ductor saturation relative to that using non-biased inductors, thereby increasing

the converter power density. This establishes a validity pathway for improving

high-power converter design.
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"Everything is theoretically impossible,

until it is done."

ROBERT A. HEINLEIN
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Chapter 1

Introduction

1.1 Hydrogen-Electric Aircraft

Aviation has become an indispensable and pivotal part of contemporary society,

shaping, and facilitating passenger travel and cargo transportation, as well as spe-

cialised missions for military operations, medical evacuations, �re-�ghting, survey-

ing, search and rescue, to name a few key roles.

Air-tra�c density has doubled approximately every �fteen to twenty years [2] [3],

making it one of the fastest growing sectors. The International Air Transport As-

sociation (IATA) expects 7.2 billion passengers to travel in the year 2035, which

is a 90% increase, relative to the 3.8 billion who have 
own in 2016 [4]. With

the predicted expansion in the civil aviation sector to meet capacity needs, the

environmental impact of such has come under great assiduity. Thus, aircraft manu-

facturers face ever tightening emission standards, and the requirement for aggressive

technological advancements. Flightpath 2050 [5] outlines a number of overarching

objectives, including, a reduction in CO2 emissions by 75%, NOX emissions by 90%

and noise emissions by 65% by 2050, with respects to 
ights in 2016, relative to the
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1.1. HYDROGEN-ELECTRIC AIRCRAFT

capabilities of typical new aircraft in 2000.

Hydrogen-electric propulsion systems for aircraft have been identi�ed as a potential

technology to support the required reduction in emissions from the aviation sector

[6]. To date there are no commercially available hydrogen-electric commuter air-

craft available on the market; however, research e�orts from the likes of ZeroAvia [7],

with their ambitions to o�er a hydrogen-electric powertrain, achieving 2-5MW, de-

signed for 40-80 seat, CS-25 category aircraft, by 2027, are underway. A retro�tted

Dornier 228, from the latter, has been used for a series of successful experimental


ights. Similar e�orts from Universal Hydrogen, with a higher capacity, retro�tted

DeHavilland Dash-8 aircraft, have also yielded successful experimental 
ights; �g-

ure 1.1 shows the layout of the propulsion systems major components within the

aircraft [8]. Table 1.1, from [9] provides a snapshot into additional aircraft which

have been used to further the development of hydrogen fuelled aircraft, dating back

to the 1950s; multiple examples use liquid hydrogen, (LH2), with turbo machinery

while others utilise pressurised gaseous hydrogen, (GH2), in conjunction with fuel

cell technology.

Figure 1.1: Universal Hydrogen's Turboprop Fuel Cell Retro�tted Concept
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1.1. HYDROGEN-ELECTRIC AIRCRAFT

Table 1.1: Flown Hydrogen Fuelled Aircraft

Aircraft First Flight Storage Propulsion Notes

NACA-modi�ed B57 1957 LH2 Turbojet Single hydrogen-powered engine
Tupelov Tu-155 1988 LH2 Turbofan Single hydrogen-powered engine
Boeing Fuel Cell
Demonstrator Aircraft 2008 GH2

Proton Exchange
Membrane Fuel Cell Fuel cell powered cruise

Antares DLR-H2 2009 GH2, 350 bar 33kW fuel cell
AeroVironent
Global Observer 2011 LH2

Boeing Phantom Eye 2012 LH2 Modi�ed Ford 2.3L ICE

H2FLY HY4 2016 GH2
45kW Proton Exchange
Membrane Fuel Cell

ZeroAvia Piper
Malibu Demonstrator 2020 GH2, 350 bar Fuel Cell Partially fuel cell powered

ZeroAvia Dornier
228 Demonstrator 2023 GH2

Batteries and fuel cell each
powering half of port side

Universal Hydrogen
Dash-8 Demonstrator 2023 GH2

Megawatt-class Proton Exchange
Membrane Fuel Cell Single hydrogen-powered engine

A hydrogen-electric aircraft propulsion system, using a Proton Exchange Membrane

Fuel Cell (PEMFC) and gaseous hydrogen, (GH2), is comprised of a number of

fundamental components, namely, gear box, motor, inverter, fuel cell DC-DC boost

converter, battery DC-DC boost converter, battery, fuel cell and hydrogen storage;

a simple example of such a system is available as per �gure 1.2. The quantities

of each of these components will vary, depending on aircraft, con�guration and

certi�cation requirements.

Figure 1.2: Propulsion System Topology

The battery within the fuel cell propulsion architecture is used to handle transients

brought about by 
uctuating power demand, and rapid changes in throttle setting.

However, in certain applications it is also used to supplement the fuel cell's power

at di�erent stages throughout the 
ight [9][10] .
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1.2. FUEL CELLS IN AEROSPACE

1.2 Fuel Cells in Aerospace

Fuel cell technology exists in numerous forms, and have seen use in applications

such as transportation, stationary power plants, marine power systems and also in

aerospace applications [11][12][13]. Proton Exchange Membrane Fuel Cell (PEMFC)

technology, which converts chemical energy into electrical energy, has garnered great

interest due to their o�ering of high energy conversion e�ciency, rapid start-up, lim-

ited sensitivity to orientation, and of most importance, high power density, relative

to batteries, and this is a particularly attractive bene�t for aerospace, where mass

is one of the most dominant factors when designing an aircraft to be commercially

competitive [14] [15].

PEMFC are not without their drawbacks. One of these is the fuel cell response

rate, which is both an intrinsic property of the technology, and compounded by

the balance of plant equipment, which is the term given to the required supporting

ancillaries necessary to make the fuel cell stack operate, such as air-compressors,

thermal management equipment and humidi�ers. This can translate into an in-

ability for the fuel cell to provide the required power demand during transients

[16]. Souleman et al. models and simulates this scenario, with a fuel cell based

emergency power system in a More Electric Aircraft (MEA), based on fuel cells,

lithium-ion batteries and super-capacitors, using MATLAB and SIMULINK [10].

A representative emergency 
ight pro�le of a Bombardier aircraft is used for this

simulation, and the supporting system utilises the following:

ˆ 12.5 kW (peak), 30-60V PEMFC, with nominal power of 10 kW.

ˆ 48V, 40 Ah, Li-ion battery system.

ˆ 291.6V, 15.6 F, supercapacitor system (six 48.6V cells in series)

ˆ 12.5 kW fuel cell DC-DC boost converter, with regulated output voltage and

4



1.2. FUEL CELLS IN AEROSPACE

input current limitation.

ˆ Two DC-DC converters for discharging (4 kW boost converter) and charging

(1.2 kW buck converter) the battery system. These converters are also out-

put voltage regulated with current limitation. A single bidirectional DC-DC

converter can also be used to reduce the weight of the power system.

ˆ 15 kVA, 270V DC in, 200V AC, 400 Hz inverter system.

ˆ 3 phase AC load with variable apparent power and power factor, to emulate

the MEA emergency load pro�le.

ˆ 15 kW protecting resistor to avoid overcharging the super-capacitor and bat-

tery systems.

With an understanding of the system's major components, the following scenario

describes an emergency landing scenario from 0 seconds to a complete landing and

disembarkation at 330 seconds, including the system's response in time to varying

loads, while attempting to maintain a DC bus voltage of 270V. The reader can

follow the events using �gure 1.3, which shows the fuel cell's response (blue line)

to the load change (yellow line), and in addition �gure As can also be observed in

�gure 1.4 can be used to track the voltage of the 270V DC bus, as the emergency

scenario plays out. Prior to an in depth breakdown of the events, it can be clearly

observed that the fuel cell lags considerably behind the load change. In response to

this lag, additional power is provided by both the super-capacitor (green line), and

batteries (orange line). As a brief generalisation of the plots, the super-capacitor's

response time is less than the battery's response time, but its charge is limited, and

as the charge is diminished, the battery's power input to the DC bus increases.

ˆ At 0 Seconds: All main generators are operational and providing the necessary

loads for the aircraft. The fuel cell hybrid power system is turned on in

5
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Figure 1.3: Bombardier Fuel Cell Based Emergency Power System Response with
Time

Figure 1.4: Bombardier Fuel Cell Based Emergency Power System Voltage with
Time

perpetration for landing, and on standby for an emergency landing scenario.

Figure 1.3, shows the blue line of the fuel cell power, slowly ramping up.

ˆ At 5 Seconds: The fuel cell operates at an optimal power ( 1kW), to begin

recharging the onboard battery, while the supercapacitor supports the regu-

lation of the 270V DC bus.

ˆ At 40 Seconds: An emergency onboard sees the the loss of all generators. The

fuel cell hybrid power system is now employed to provide power to all essential

loads. The supercapacitor rapid dynamics allow it to instantaneously provide

the extra power to the system, while the fuel cell power gradually ramps up,

due to its slower dynamics.

6
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ˆ At 45 Seconds: The supercapacitor is discharged to a point below the required

270V for the DC bus, and the battery steps up to provide power, and regulate

the bus voltage back to the nominal 270V.

ˆ At 60 Seconds: An emergency hydraulic pump is started, which causes the

supercapacitor to provide the extra transient load power, and once again the

fuel cell power slowly increases to support the demand.

ˆ At 61.5 Seconds: The battery supports the regulation of the DC bus voltage to

270V, and simultaneously supports the fuel cell, by providing any additional

power which the load requires.

ˆ At 70 Seconds: The fuel cell has reached its maximum power output, which

is governed by the DC-DC converter input voltage range; additional power to

the load is provided by the battery.

ˆ At 125 Seconds: The load power reduces to a value below the fuel cells maxi-

mum power output, and due to the fuel cell's slow dynamics, the extra power

it provides during the transients is used to charge the supercapacitor.

ˆ At 130 Seconds: A secondary emergency hydraulic pump is turned on, and the

fuel cell hybrid power system displays a similar behavior to that of the �rst

pump switch on, with the supercapacitor supporting the additional transient

power.

ˆ At 170 Seconds: The load power reduces below the fuel cell's maximum power,

and the transient energy is transferred into both the supercapacitor and the

battery.

ˆ At 180 Seconds: Once again, the aircraft's power demand increases; this time

due to the actuation of the 
aps / slats and landing gear. The supercapacitor

responds to this while the fuel cell and battery begin to ramp up their input.

7
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ˆ At 185 Seconds: The battery discharges to regulate the DC bus voltage, and

continues to support the fuel cell with the extra load power.

ˆ At 235 Seconds: The aircraft successfully touches down, and the power de-

mand decreases signi�cantly. The extra power from the fuel cell's slow re-

sponse time is siphoned into the supercapacitor and battery.

ˆ At 250 Seconds: As the aircraft is taxiing, the fuel cell provides the full load

power required.

ˆ At 330 Seconds: The aircraft is evacuated, and the load power reduces to

zero, while the fuel cell continues to recharge the battery, as it ramps down

to its optimal power level.

All of this together, forms a hybrid power generation system, ensuring that the load

is supplied with the necessary power; this also supports the decisions from ZeroAvia

to use batteries in conjunction to a PEMFC to supply the required power to the

load. However, the percentage power split of battery power to hydrogen fuel cell

power is not reliably reported. As such, an initial investigation will be required to

determine the optimal power split, and the 
ight phases in which the power split

is to be adopted, in a bid to yield the most mass e�cient aircraft. The splitting of

power between a number of energy sources to maintain a common DC bus voltage

is also explored in [17] and [18].

As can also be observed in �gure 1.4, the fuel cell's voltage output is less than 60V,

where as the nominal bus voltage is 270V DC, with a minimum value of 258.4V,

-4.3% o� nominal, and maximum a of 280.5V, +3.8% o� nominal. The plot shows

that the bus voltage is not particularly well controlled, and is somewhat wayward

when it comes to rigidly maintaining the required 270V DC, required on the bus;

One possible cause of this relates to the controller itself, as this was not fully

explored during the simulation. It is not uncommon for fuel cell based systems to
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have a lower fuel cell output voltage, relative to load or bus voltages, and hence the

necessity for the DC-DC boost converter, which is required to step up the voltage.

It stands to reason that the power split between battery and fuel cell, and the fuel

cell response time will have an in
uence on the mass and volume of the respective

DC-DC converters. Aircraft are supremely sensitive to mass, and the take o� mass

drives cost, energy e�ciency, and emissions, and as such the lightest aircraft will

prevail [19]. Therefore e�orts are required to reduce the mass and volume of the

components within these devices to further support the mass and e�ciency bene�ts

brought about by the optimal power split.

1.3 Objectives of the Research

Based on the above introduction, a number of research objectives have been out-

lined to support the research e�orts for future hydrogen-electric aircraft. A number

of focuses are required for this project, the �rst being an investigation into the op-

timal power split between fuel cell and battery power systems, to yield the aircraft

with the lowest mass, and the second part of this study, based on the optimised

power split, is an investigation into further aircraft mass reductions, through mass

and volume reduction of the DC-DC converter's most heavy and voluminous com-

ponents.

This research project is aimed at developing a tool, with the capability of deter-

mining the optimal power split between battery power, and fuel cell power, in order

to realise an aircraft with the lowest Maximum Take O� Mass (MTOM), whilst

simultaneously identifying areas of the propulsion system which have the greatest

mass sensitivity, and compounding mass increasing factors. Additional studies aim

at investigating the e�ects of the parameter input quality into the simulation tool,

on �nal aircraft mass, as well as di�erent operational modes for the mission analysis,

9
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pertaining to in-
ight battery recharging.

Based on the results of the optimisation study, methods will be investigated to

support a reduction for the mass and volume of the passive components within the

DC-DC converter devices.

The work done as part of this research project and described in this document seeks

to achieve the following objectives:

ˆ To propose a novel hydrogen-electric aircraft sizing tool, capable of determin-

ing optimised propulsion system parameters for a selected measure of merit

(MoM), based on preliminary or conceptual commuter aircraft speci�cations,

and hybridisation of power, as inputs into a mission analysis.

ˆ Perform trade studies for the assessment of the impact of various power con-

verter technology levels, and various drag polars, on overall aircraft mass,

in addition to investigating di�erent operational strategies for the mission

analysis, with regards to in-
ight recharging.

ˆ Parameterisation and development of an interleaved buck converter model,

complete with voltage and current closed loop control for the simulation of

the converter when considering the use of inductors modelled as Magnetic

Equivalent Circuit (MEC).

ˆ Correctly size and design an inductor capable of ful�lling the requirements

of the parameterised interleaved buck converter, before testing the inductor

to ascertain baseline values for saturation, when subject to Galvano Electro-

chemical Impedance Spectroscopy (GEIS) experimental validation.

ˆ Investigate improvements into the performance of magnetics, when under the

consideration of permanent magnet biasing, and compare these results against

a baseline inductor, using the same GEIS experimental validation techniques
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as for the baseline inductor. The results are used to determine any theoretical

geometry alterations to support mass and volume reduction of the magnetics.

ˆ Experimentally validate the proposed novel combination of Permanent Mag-

net Biased Inductors (PMBI) topology within an interleaved buck converter

and ascertain any bene�ts.

1.4 Thesis Structure and Contents

An outline of the thesis structure is presented below, and summarises the strategies

employed to satisfy the objectives presented in section 1.3.

ˆ Chapter 2 - Provides a comprehensive literature review, considering hydrogen-

electric aircraft and their conceptual design, including descriptions of battery,

fuel cell, and hydrogen storage technology. Additionally a general overview

of DC-DC converter technology, and any supporting background for improve-

ments to DC-DC Converter technology is provided. Finally, the theory of

biased magnetics are introduced to complete the most pertinent areas of in-

terest for this project.

ˆ Chapter 3 - Discusses the proposed modelling methodology for the hydrogen-

electric aircraft, including initial sizing constraints diagrams, for complex and

simple drag poplars. A methodology, bespoke to hydrogen-electric aircraft, for

structural mass determination, using legacy sizing methodologies is discussed,

in addition to new methods for modelling hydrogen fuel cells for conceptual

aircraft design. A number of test cases are simulated, pertaining to aircraft

mass, for sweeps in converter technology, aircraft mass for drag polar �delity,

and �nally aircraft mass using in-
ight battery recharging.

ˆ Chapter 4 - Presents the modelling on an interleaved buck converter, with
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a brief discussion of particle swarm optimisation control parameter deter-

mination, for voltage and current balance control. The paramaterisation

of the converter is discussed, as well as the sizing and design of an experi-

mental inductor to suit the converter. Galvano Electrochemical Impedance

Spectroscopy (GEIS) testing is undertaken on the experimental inductor, to

provide a pre-bias baseline, which will be compared to an equivalent biased

inductor. The PLECS simulation tool is used to simulate the closed loop

control of the converter, with the baseline inductor represented as a Magnetic

Equivalent Circuit (MEC).

ˆ Chapter 5 - Introduces the Permanent Magnet Biased Inductors (PMBI)

which will be used for experimental validation in the interleaved buck con-

verter. Initial testing using various quantities of permanent magnets to form

a bias 
ux in the core, is undertaken using the same GEIS from the testing

of the baseline inductor. The results of the tests are compared to that of

the baseline inductor, and any inferences to theoretical reductions in inductor

mass and volume are made.

ˆ Chapter 6 - The experimental hardware for the interleaved buck converter and

supporting equipment used to perform the testing is discussed in this section.

ˆ Chapter 7 - The results of the experimental work undertaken on the inter-

leaved DC-DC buck converter rig, to validate any potential bene�ts of using

biased magnetics within this speci�c topology are discussedCC, and �nal con-

clusions about the bene�ts of biasing inductors is drawn here.

ˆ Chapter 8 - Concludes the work undertaken in this project, in addition to

highlighting the main and novel contributions of the work undertaken. Sug-

gestions are included in this section for future work.
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Chapter 2

Literature Review

2.1 Introduction

Based on the initial introduction section, and the research objectives, it is clear

that this is a multi-domain, multi-physics research project, touching on the disci-

plines of magnetic, electrical, thermal, chemical and aerospace sciences. As such, a

comprehensive literature review aims to capture the essence of the necessary past,

current and future technologies or methodologies required, to support the research

goals. A series of discussions will follow, which touch upon the the propulsion sys-

tem elements highlighted in �gure 1.2, when also considered within the context of

the overarching methodologies associated with hydrogen-electric aircraft propulsion

system design and modelling.
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2.2 Hydrogen-Electric Aircraft Technologies and

Conceptual Design

As previously stated, the objective of this research is not to design a new or novel

aircraft, but rather, explore the sizing and optimisation for speci�c elements and

operating scenarios of a hydrogen-electric propulsion system. However, in order to

arrive at a viable conclusion, it is entirely necessary to frame a conceptual aircraft

propulsion system within realistic aircraft performance values. Erroneous predic-

tions for aerodynamics and weight will manifest in an aircraft which does not meet

the Top Level Aircraft Requirements (TLARs), when built, or from a research

perspective, will not re
ect the results of experimental validation [20]. In order to

mitigate methodology risk, and increase the scienti�c accuracy of the novel branches

of this research, an assessment of aircraft conceptual design strategies, and their

associated technology is essential, such that the development of an appropriate sys-

tem model is possible, and yields accurate results for system components, whose

performance and operation can be authenticated via experimental analysis.

The sizing of the aircraft is a fundamental process of any aircraft design programme,

and this takes place during the conceptual design phase [20] [19]. This impor-

tant phase allows the determination of the aircraft's dimensions, MTOM, required

thrust, T, power, and wing area, S. This information feeds into what will become

a mission analysis, where the performance of the aircraft can be determined during

the entirety of the mission pro�le.

2.2.1 Battery Technology

As a starting point for the the discussion of the propulsion system's major com-

ponents, batteries are considered �rst. It is important to understand the common
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terms which are used when addressing or de�ning battery technology; a concise,

yet detailed description of these terms is provided in the list presented below, as

taken directly from [21]. Here, details of the fundamental parameters pertaining to

batteries, and their units of measure, symbols, and description for each are provided.

ˆ Stored Capacity , denoted by the symbol,Q, and given in unit of Amp

hours, Ah . This describes the amount of charge which is transferred by a


owing current, over a given time. As it is de�ned as Ampere supplied for

one hour, a higher capacity battery, will provide a longer run-time for a given

discharge current, or alternatively, it has the ability to yield a higher current

over a given discharge time.

ˆ Stored Energy , denoted by the symbol,E, and given in unit of Watt hours,

Wh . This represents the amount of energy which is supplied, by combining

voltage and current, or power for a given time, as per the below equations:

Power = Current � V oltage

Energy = Current � V oltage� T ime

Energy = Capacity � V oltage

ˆ Speci�c Energy , denoted by the symbol,E* , and given in unit of Watt

hours per kilogram,Wh/kg . This is the amount of electrical energy stored

per unit of battery mass. The higher the value of the speci�c energy for a

battery, the lighter the battery is for a given amount of energy. The speci�c

energy is also referred to as the energy density.

ˆ Speci�c Power , denoted by the symbol,P * , and given in unit of Watts per

kilogram, W/kg . Akin to the speci�c energy, is the amount of power which

can be drawn, per unit of battery mass. The higher the speci�c power of the

battery the lighter the battery is for a given power requirement.
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ˆ Discharge C-Rating , denoted by the symbol,Cdischarge , and given in unit

of per hour, 1/h . This is the maximum current that can be drawn from the

battery, given by:

Cdischarge;rating =
P �

E�

Cdischarge;rating = Q � Cdischarge;rating

It is also possible for the discharge C-rating to give information about the

time in which it will take to be discharged. At a discharge rate of 1C, the

battery is depleted within 1 hour, and at 2C this would reduce to 0.5 hours,

and at 3C, this would reduce further to 0.33 hours. it therefore stands to

reason that at 10C a fully charged battery would in fact be depleted within

6 minutes. Discharging the battery at rates greater than those recommended

by the data sheets, has the potential of causing battery degradation or total

destruction due to the heat that it would encounter.

ˆ Charge C-Rating , denoted by the symbol,Ccharge , and given in unit of per

hour, 1/h . This is the maximum current which can be used to charge the

battery, given by:

Current max;charge = Q � Ccharge;rating

Similarly to the discharge C-rating, the charge C-rating provides useful infor-

mation about the time in which the battery can be charged. For a C-rating

of 1C, the battery can be charged within one hour, and for a 2C charge rate

this is improved to 0.5 hours, and likewise at a C-rate of 3C, this is reduced

further to 0.33 hours. Generally, the charging C-rate is lower than that of the

discharge C-rate, and charging at C-rates above the recommended values, has

the potential to overheat, and destroy the battery.
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ˆ State of Charge , generally abbreviated toSoC, and given as a percentage.

The SoC pertains to the ratio of the remaining battery capacity, to its nominal

capacity. At a SoC of 100%, the battery is considered "full", and when this

SoC is at 50%, it is reasoned to be "half-full". It is necessary to employ

measures to prevent battery degradation, and one means of supporting this,

is to prevent the battery from discharging below an industry standard 20%

SoC. Without any form of deep discharge protection, the battery is exposed

to internal damage, and/or the cycle life will be greatly reduced. As an

alternative to the SoC, a parameter referred to as the Depth of Discharge

(DoD) is utilised. The DoD is calculated as 1-SoC.

As already discussed, the only hydrogen fuelled aircraft that have 
own to date, are

experimental concepts, and not yet available for airlines to purchase. That being

said, a number of all-electric aircraft are available on the market, as of the time of

writing this report, and as such provide a suitable jumping o� point for an assess-

ment of the current battery technology available and used to power the propulsion

system of all-electric aircraft. Figure 2.1 shows the major components which con-

stitute the propulsion system for an aircraft with an all electric architecture.

Figure 2.1: All-Electric Aircraft Propulsion Systems

O� the shelf Li-Ion Samsung INR18650-30Q cells, have seen use in NASA's can-

celled, modi�ed Tecnam, X-57 all-electric aircraft project [22]. These cells are

promoted to have a capacity of 3Ah, and a rated discharge of 10A, yielding a C-

rating of approximately 3.3. This particular cell technology bene�ts from a speci�c

energy of approximately 240 Wh/kg, and when considering a one third reduction

due to pack overheads, such as casing, sensing and cooling, this would decrease to

a value of approximately 160 Wh/kg. The commercially available, 
ight certi�ed,
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pilot trainer, Velis Electro from Pipistel aircraft [23], o�ers a total nominal capac-

ity, split between two units, of 20 kW/h, at 345V, this is coupled to a propulsion

system with a maximum take o� power of 57.6 kW, which corresponds to a 2.88

C-rating, not too dissimilar to the NASA Maxwell aircraft. Based on the provided

cruise power of 35kW, this gives the aircraft an airborne time of approximately 35

minutes (neglecting energy used for take-o�), which is suitable for pilot training

needs, where a number of circuits are completed before a debrief, while the aircraft

recharges. The Rolls-Royce ACCEL project, aimed at achieving the worlds fastest

electric aircraft, developed the Spirit-of-Innovation [24], a modi�ed Sharp Nemesis

NXT race aircraft, equipped with an all electric prolusion system, of which the

main components, the triple stacked 200kW axial 
ux motors, and 750V, 216kWh

battery, were developed by EVOLITO and Electro
ight respectively; the sponsors

of this project. This aircraft is designed to have a continuous power of 375kW

and in combination with the 216kWh battery, results in a C-rate of approximately

1.74 and 35 minutes 
ight time, although at a peak power demand of 750kW, this

translates into a C-rate of approximately 3.5, aligning well with the current battery

technology used within the previously mentioned aircraft. To provide more of a

perspective on the landscape of speci�c power and energy for batteries, relative to

their speci�c chemistry, a Ragone plot, from [25], featuring relatively recent spe-

ci�c energy, and speci�c power values, used for cells in automotive applications,

is presented in �gure 2.2. This plot, also features the super capacitor, which is

a technology that holds its place somewhere between a traditional capacitor and

a battery, [26], and has been shown previously in the Bombardier fuel cell based

emergency power system. Super capacitors have a supremely high power density,

at the expense of having the lowest speci�c energy, relative to the other energy

storage technologies. As previously observed, they have the ability to o�er rapid

discharging and charging, storing the energy electrostatically.

A common theme amongst the aircraft already discussed, is that they are either
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small single, to 4 seat aircraft, designed for short training sessions, racing aircraft

designed to compete in races which are a few minutes in length, or experimental

aircraft with the intended purpose of proving an increasing technology readiness

level. However, during the course of this project, a number of start-up aircraft

developers have proposed considerably larger all-electric or hybrid-electric aircraft.

Elysian aircraft [27], started in 2021, propose an all-electric, 90 seat aircraft, with

a range of 800km, but to date have no tangible products, and limited information

about the powertrain is available; speci�cally information regarding the batteries,

which would power the worlds largest all electric-aircraft, if the production stage is

entered. A considerably more successful start-up, who are scheduled to have their

maiden-
ight in the second quarter of 2025, for a hybrid-electric aircraft, which will

utilise batteries, and a range extending generator, placed in parallel, and connected

across four motors, has been developed by Hart Aerospace [28]. This aircraft o�ers a

more modest, 30 seats, with a proposed all electric range of 200km and hybrid range

of 400km, with improvements expected in conjunction with increases in technology

levels. Again, information regarding the battery technology has not been disclosed.

Figure 2.2: Ragone plot of various battery technologies with speci�cation at cell
level for automotive applications (Cell Level) [25]

Currently, available battery technology o�ers speci�c energies of approximately 200

Wh/kg at pack level. It is required that batteries with 400-500 Wh/kg at pack
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level, which is more than double of the battery technologies at the time of writing,

will be required to fully support the use of electric propulsion systems for all electric

aircraft, and to see improvements in hybrid aircraft, such as Hart Aerospace's ES-30

aircraft. The near term battery technology will be used in this study.

Batteries are generally modelled as a discharge curve, such as that given in �gure

2.3 developed by [29]. As can be observed, batteries don't discharge linearly across

their full capacity range. A number of numerical models exist to handle this, such

as that from [30]. However, these models imply that voltage and current maybe an

input into the system, and as such corresponding models for motors which accept

the output voltage are also required; these could be set up as look-up-tables.

Figure 2.3: Representative Discharge Curves for Panasonic Batteries) [29]

The work of [31] presents a worked methodology for a composite, single seat, low

wing, non-aerobatic recreational battery powered aircraft, with the intent of explor-

ing a suitable battery powered powertrain and assessing its feasibility. The inputs

into the analysis include the aircraft's geometry, details regarding the powerplant,

the aircraft's weight, and it's all important drag polar. The drag polar, amongst

other details which pertain the the aircraft's geometry will be dealt with later in

this thesis, however, it is given as 0.02+0.0526� CL2, where CL is the coe�cient of

lift. The take-away point from this example being how the all electric powertrain is

sized, particularity focusing on the details surrounding the battery, in addition to
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Table 2.1: All-Electric Aircraft Design Example Input Parameters [31]

Parameter Value Parameter Value

Take o� mass (kg) 450 Propeller diameter (m) 1.524
Wing area (m2) 9.3 Wing span (m) 8.14
Wing taper ratio 0.5 Flight deck max. width (m) 1
Mean aerodynamic chord (m) 1.14 Aspect ratio 7.12
'g' load +4 to -2 Battery Voltage (V) 300
Battery mass (kg) 100 Pilot mass (kg) 80
Motor mass (kg) 40 Structural mass (kg) 230
Power loading (kW/kg) 0.133 Max. cruise altitude (ft) 10000
Max. speed (kt) 100 Sortie duration (h) 1

providing the author with a 
avour of the additional details which are required to

size an aircraft with a novel propulsion system. The aircraft's inputs are detailed

in table 2.1.

In the example provided by [31], the parameters from table table 2.1 are used to

resize the battery, and determine the new battery massmbat, using equation 2.2.1,

when the maximum power from the motor at take o� is expected to be 60kW.

mbat =
R � W � D

0:9� � E � � L

Where:

R = Range

W = Aircraft Weight

D = Aircraft Drag

� = Propulsion system e�ciency

L = Aircraft Lift

Although the equation is somewhat limited, due to its lack of accounting towards

energy for take o�, and any diversion, or loiter phases, of particular note, is the

use of the speci�c energy of the battery (given as 200 Wh/kg) to size the aircraft's

21



2.2. HYDROGEN-ELECTRIC AIRCRAFT TECHNOLOGIES AND
CONCEPTUAL DESIGN

battery, rather than implementing a model with a discharge curve. The use of the

speci�c energy battery model in combination with maximum discharge (c) rates is

also adopted by [21], and [32]. This is referred to as the "energy in a box" method

of battery modelling, and lends itself well to conceptual aircraft design, where the

adoption of a battery discharge curve would add an additional level of complexity,

and would have the potential to increase simulation times. Additionally, the ability

to use only a small number of inputs into the battery model, opens up additional

research questions, as regards to how the speci�c energy and discharge rates of

future battery technology, in
uences aircraft mass, and airline operations.

2.2.2 Hydrogen Storage

The literature has also highlighted a number of important factors which pertain

speci�cally to hydrogen fuelled aircraft under design consideration; one of the major

considerations being the issue surrounding hydrogen storage. Dependent upon the

hydrogen to be carried onboard the aircraft, either GH2 or LH2, and the hydrogen

storage conditions, determines the storage requirements. Hydrogen, in its gaseous

form, has a particularity low volumetric energy density, when under the conditions of

ambient temperature and pressure; Unlike traditional aviation fuels, and hence the

requirement for GH2 compression, to achieve reasonable energy densities. Various

fuel states observed in experimental aircraft were provided in table 1.1, and table

2.2 provides the properties of hydrogen across both liquid and compressed gaseous

states at various pressures, with the properties of the commonly used Jet A-1 fuel,

used for comparison [9] [31]. This table also demonstrates and supports the disparity

between the energy storage of fossil fuels, hydrogen, and batteries, and highlights,

that although hydrogen propulsion systems maybe more involved and complex than

pure battery-electric aircraft, the bene�ts of additional energy storage for lower mass

is advantageous.
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Table 2.2: Properties of Available Fuels Used for Aerospace Propulsion

Metric Jet A-1 LH 2 GH2 (350 bar) GH2 (700 bar)

Speci�c Energy (MJ/kg) 43.2 120 120 120
Energy Density (MJ/L) 34.9 8.5 2.9 4.8

Storage Temperature (K) Ambient 20 Ambient Ambient
Storage Pressure (bar) Ambient � 2 350 700

As table 2.2 shows, the speci�c energy of hydrogen per kilogram, is approximately

three times greater than that of the traditional aviation fuel, however, achieving

a stored kilogram of hydrogen is an additional concern. When looking at the en-

ergy density in regard toMJ=L , it is clear to see that at ambient temperature and

pressure the Jet A-1 far out classes the energy densities of the hydrogen, by approx-

imately twelve times for hydrogen compressed to 350 bar, and approximately seven

times for hydrogen compressed to 700 bar. Even the most competitive storage state

for hydrogen, liquid, is only one quarter as e�cient in terms of energy density.

In regards to modelling the hydrogen storage, within the aircraft sizing, a number of

methods are provided in literature. The �rst methodology, provided by [9], describes

the 'hydrogen tank gravimetric e�ciency' model; this is given by equation 2.1.

� tank =
WH 2

WH 2 + Wtank
(2.1)

WhereWH 2 is the weight of hydrogen that the tank is designed to hold,Wtank is the

empty weight of the tank, and � tank is the tank storage e�ciency. Based on this,

it is possible to use values of tank e�ciency taken from literature, in combination

with hydrogen mass and volume values taken from the aircraft sizing methodology,

to rapidly determine the mass of the tank which ful�lls the storage requirements.

The works of [33] present a di�erent method for calculating the mass of the stor-

age requirements for the aircraft. This method uses the ideal gas law to determine

the volume of hydrogen and relates this to the geometry of a cylindrical tank with
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hemispherical caps; the tank thickness is then determined, and a material density

used to determine the mass of the tank. The works of [34] presents research for the

energy e�ciency of onboard hydrogen storage, with cryogenically cooled liquid hy-

drogen, stored within thermal tanks, o�ering the greatest e�ciency, when compared

to gaseous hydrogen storage e�ciency.

2.2.3 Fuel Cells

Fundamentally, a fuel cell is a device capable of generating electrical power, directly

from a continually 
owing source of hydrogen or a hydrogen containing fuel, in

combination with a continually 
owing supply of oxygen, and the electrical power

is generated via an electrochemical process [35]. This electrochemical process is

in essence the reverse of electrolysis, and will be described in the proceeding text,

with the aid of �gure 2.4 from [29]. In order to understand how electrical power,

or more speci�cally electrical current is generated as a function of the reaction

between hydrogen and oxygen, it is necessary to consider the reaction that takes

place at the anode and cathode. Considering a fuel cell of the acid electrolyte type,

it can be stated that at the anode, hydrogen is oxidised, resulting in the release of

electrons, and the generation of H+ ions (protons), as expressed by equation 2.2.

In parallel to the anode and cathode, is a circuit which is external to the fuel cell,

and this could represent a motor, converter, or some other electrical element of

the propulsion system. The electrons (e-) 
ow as a current around this external

circuit, and reconvene at the cathode side of the cell, once their useful work is done.

At this stage, the air 
owing across the cathode, supplies oxygen which combines

with the electrons and the H+ ions that have di�used through the cell's membrane

(electrolyte), to form water, and as a byproduct of the reaction, heat is generated;

and this will have to be regulated using additional equipment. The reaction is given

by equation 2.3
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Figure 2.4: Single Fuel Cell Operation

2H2 ! 4H + + 4e� (2.2)

4H + + O2 ! 2H2O + energy(heat) (2.3)

Any additional water produced by the cell is removed, to prevent cell performance

degradation due to 
ooding, and any unused or unreacted gasses are vented out of

the system. The continual 
owing of gasses through the cell produces an output

'open cell' voltage of less than 1 Volt, and has a thermodynamic limitation on

the maximum voltage it can produce, per area of cell; this can be observed in the

polarisation curve of �gure 2.5, taken directly from [35].

Due to the low voltage output of a single cell, it is necessary to "stack" cells, and

connect them in series, to generate suitable levels of voltage and power. These

levels do not necessarily need to be inline with the system it is designed to power,

as supporting DC-DC converters can be used to augment the voltage and current

levels; as will be discussed later.
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Figure 2.5: Single Cell Polarisation

Fuel cells are not limited to a single form, and are generally classi�ed by the mate-

rial which is used for the electrolyte layer, between the anode and cathode. From

[35] and [29], six main classi�cations of fuel cells are referenced, these being the

alkaline fuel cell (AFC), the proton exchange membrane fuel cell (PEMFC), the

direct methanol fuel cell (DMFC), the phosphoric acid fuel cell (PAFC), the molten

carbonate fuel cell (MCFC), and the solid oxide fuel cell. Table 2.3 provides a sum-

mary of the pertinent features of each fuel cell variant, and highlights an example

of their application. For the purposes of this project, the PEMFC is adopted due

to its aforementioned use in recent experimental aircraft, and its legacy use in the

automotive �eld.

2.3

Focusing on the modelling of the fuel cell for the purposes of this project, the in-

tricacies of the Proton Exchange Membrane Fuel Cell (PEMFC), and their design

are dealt with, in great depth, by [35], [14], [36]. These textbooks provide detailed

equations which permit for the development of a high �delity fuel cell models, and

their supporting balance of plant (BoP) equipment, such as humidi�ers, turbo-

normalising compressors, condensers, combustors, preheaters and heat exchangers,
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Table 2.3: Fuel Cell Variants

Fuel Cell Mobile Ion Operating Temperature Applications

Alkaline (AFC) OH - 50-200� C Spacecraft
Proton exchange H+ 30-100� C Transportation applications, and

membrane (PEMFC) low power stationary supplies
Direct Methanol H + 20-90� C Portable applications:

DMFC laptops, mobile phones
Phosphoric acid H+ 220� C Large power supplies

(PAFC) (200kW+)
Molten carbonate CO2-

3 650� C Medium to large
(MCFC) MW supplies

Solid oxide CO2- 500-1000� C Low to high power
(SOFC) stationary supplies

to name a few. The knowledge required to develop a fully functioning, and adapt-

able model is an entire project within itself, and moreover, these models do not lend

themselves well to low computational e�ort, conceptual aircraft design methodolo-

gies, which form part of the research objectives. However, the knowledge within

this literature supports an understanding of the nuances of topic and the supporting

equations deliver an insight into the operation and function of the fuel cell, and its

ancillary components.

The work of [37], presents a performance and failure analysis for a retro�tted Cessna

208 caravan, with a fuel cell power system, in combination with liquid hydrogen.

Within this body of work, the author beings by presenting the open circuit voltage

equation, which represents the maximum potential achieved by a cell, when there

is no load attached; this equation is presented as equation 2.4, also referred to as

the Nernst equation, and forms the foundation of the polarisation curve, presented

previously. The work goes on to expand upon the Nernst equation, and details the

losses, which contribute to the diversion away from the 'No-loss' line of �gure 2.5,

and whose dominance varies, depending upon the region of the polarisation curve,

with the introduction of the activation losses,Vact , the ohmic losses,VOhmic , and

the concentration losses,Vconc. In combination with the Nernst voltage equation,

the cell voltage,Vcell , curve can now be given by equation, 2.5. The resultant curve
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can then be used to calculate the fuel cell power when provided with the number

of cells,Ncells in series, and the respective area of the cells,Acells .

Details are given for the calculation of the individual losses. However, a considerable

number of speci�c inputs are required for this, and go into details such as electrolyte

membrane thickness, anode and cathode transfer coe�cients, electrode roughness

factors, but to name a few. As with the work within the textbooks discussed

previously, this methodology for calculating the fuel cell characteristics, does not

lend itself well to a rapid sizing methodology, when limited information is known

about the cell, and its supporting balance of plant equipment; making it less than

ideal for the proposed research.

Additionally, [37] the work of does not include any of the dynamics of the fuel cell,

or discuss the idea of using a battery for propulsive purposes. The �nal aircraft does

not include any batteries or a battery branch, and is ultimately powered by four

140kW fuel cells, attached to a common bus, via the necessary DC-DC converters,

rather than sizing a single fuel cell which can be optimised for performance over a

chosen 
ight segment. Likewise, the work of [38] presents a methodology for sizing

aircraft, fuelled by both liquid and gaseous hydrogen, including the balance of plant

equipment for the fuel cell; but, presents no details regarding any supporting battery

branch for transient conditions or propulsive power during a particular section of

the 
ight pro�le. The resulting aircraft all stipulate that the aircraft is free of any

battery, and subsequently the masses calculated for these results have the potential

to be inaccurate, and not inline with models showing the requirement of batteries

and supercapacitors to cover transient periods.

Eoc = Eo � (8:5 � 10� 4) � (Tstak � 298:15K ) +
R � Tstack

2 � F
� ln

�
PH 2 � P0:5

O2

1

�
(2.4)
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Where:

Eo = The H2jO2 redox standard potential of 1.229V, as also identi�ed by the 'No-

loss' notation in �gure 2.5

R = Universal gas constant

T = Stack operating temperature

F = Faraday constant (96,485 C/mol) PH 2 = Partial pressure of the H2 PO2 =

Partial pressure of theO2

Vcell = Eoc � Vact � VOhmic � Vconc (2.5)

The work [39] presents research on the development of a generic fuel cell model,

based on the application to a fuel cell vehicle, and also used for the previously dis-

cussed Bombarider fuel cell emergency power model. The work, once again takes

advantage of the Nernst equation, observed in the text books and previous stud-

ies, however, it has that advantage of being conveniently packaged as the stalwart

model in the MATLAB/SIMULINK environment, and provides a number of pre-

programmed fuel cell stacks, including, a 1.26kW, 6kW and 50kW PEMFC, in

addition to a 2.4kW AFC, and a 3kW and 25kW SOFC. The polarisation curves

for voltage and power, are presented in �gure 2.6, for the 6kW PEMFC. Although

seemingly advantageous,the methodology is only suitable if the aircraft requires the

power levels as exactly programmed in the fuel cell block, and although only 15

inputs are required for the model to work, when considering a variation on the

programmed fuel cells, relative to the multitude for the other methods, there is still

a requirement to have information regarding the air
ow rates, operating tempera-

tures, and voltage and current at speci�c points on the polarisation curve, which

may induce inaccuracies for a custom fuel cell stack. However, this fuel cell model

does come with the added advantage of not only incorporating the fuel cell dynam-

ics, but also being able to select the nominal stack e�ciency point, which could
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be selected as the desired e�ciency during the longest parts of the 
ight; namely

cruise. Selecting the cruise e�ciency, has the opportunity to open up a trade study

to show the e�ects of e�ciency selection on overall aircraft mass, as a lower ef-

�ciency (lower power) fuel cell, would be of lower mass than a higher e�ciency

fuel cell, thus reducing the mass compounding e�ect over the 
ights, but, the peak

power of the lighter fuel cell may now be able to cover peak powers, and as such

additional battery, and battery branch mass may be required.

Figure 2.6: 6kW Fuel Cell Polarisation and Power Curve

In a bid to improve on the previously described modelling methods, and provide a

useful research contribution, the modelling of the hydrogen fuel cell for this project

aims to build on previous work, and take advantage of the normalisation of the

polarisation curve to size a fuel cell speci�cally for the aircraft under consideration,

as well as permitting for the desired cruise e�ciency to be a direct input parameter,

in addition to developing a means to incorporate the fuel cell dynamics, such to

re
ect that of the scenario observed for the Bombardier emergency landing system

model, whereby the power supplied by the fuel cell with respects to a change in

system power, is not instantaneous, and some level of battery input is required. In

addition the number of speci�c inputs pertaining to items such as partial pressures,

and membrane thicknesses should be omitted from the new model, in a bid to
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Table 2.4: Power Density of Motors for Aerospace Applications

Manufacturer Topology DC Bus Voltage (V) P rated (kW) P peak (kW) � kw/kg

McLaren Surface PM 545 100 120 4.6
YASA Axial Flux PM 800 75 200 6

Protean Outer Rotor SPM 400 54 75 2.2
Siemens Hallback Array SPM 580 260 - 5.2

Honeywell Wound-�eld Synchronous 300-600 260 - 5.2
ENSTROJ Axial Flux PM 700 200 - 9.8

reduce the overall number of inputs which may not be known to the design team.

An additional research question can also be posed, with respects to the e�ects on

sized aircraft MTOM when incorporating fuel cell dynamics within the model, which

[37] and [38] neglect. This is dealt with as an independent study, and is featured in

the main body of the text.

2.2.4 Motor and Inverters

As this project does not focus on the design or modelling of the motor and inverters,

explicitly, but does require their e�ects for the determination of overall aircraft

mass, and to some degree, the e�ciency of the aircraft, the decision is made to

use rudimentary models, and assume a power density, and �xed e�ciency when

considering them in the full aircraft system model. The works of [40], presents a host

of electrical machines used within aerospace applications, and more importantly,

their power densities, as well. A selection of these motors are available to view in

table 2.4

In addition to the empirical motor data presented, it would be possible to achieve

higher �delity motor models, through the use analytical motor sizing equations.

For example [41], develops an analytical motor model for a three phase surface

mounted permanent magnet synchronous machine. From this paper, the machine

is sized, based on a set of fundamental steps, as shown in �gure 2.7. The system

level analysis, for system level simulations, including the control loop and �lter

design are captured by steps 1 through 12, at which point the candidate machine's
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mass, volume, e�ciency, power factor, stator resistance, stator inductance, and


ux linkage are determined. An extension beyond step 12, can be used for more

advanced machine design. A synopsis of steps 1 to 12 is provided below:

ˆ Step 1 - The required machine design inputs are provided.

ˆ Step 2 - The fundamental winding factor,kw1 is calculated. At system level

analysis, this stage can be bypassed, and a value of 0.9 can be hard coded

ˆ Step 3 to Step 6 - An approximate rotor sizing, followed by a stator sizing

based on general machine sizing equations are considered.

ˆ Step 7 - The windings are dimensioned under the consideration of full-pitch

or fractional pitching windings.

ˆ Step 8 - The stator resistance,Rs is calculated.

ˆ Step 9 - The nominal operating point and voltage limits are considered in the

dq current plane, from which feasible stator inductance,L s, and magnetic 
ux

linkage, � m are determined.

ˆ Step 10 - The power losses and e�ciency are calculated.

ˆ Step 11 - All results are checked and �ltered, if they are within the desired

e�ciency, power factor, and geometrical limits.

ˆ Step 12 - The �ltered candidate machines' mass are calculated from their

known geometry.

A similar method from [42] is also considered, for a di�erent topology to that

of [41]; this additional methodology applies speci�cally to axial 
ux permanent

magnet machines, such as those developed by this projects sponsor, EVOLITO

LTD. However, these analytical models does not uphold for the proposed aircraft

design methodology. One of the major issue with these methodologies stems from
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Figure 2.7: Machine Sizing Flowchart from [41]

the necessity to have some known voltage across the DC bus, which does not support

the selected 'energy in a box' model used for the battery, which will permit for rapid

aircraft sizing. An additional drawback to these models is the requirement for a

vast number of inputs which extend down into material selection, with respects to

their density, and the selection of magnets, in certain cases. It therefore stands

to reason, that taking advantage of known power density values for motors, is the

optimal solution for the sizing methodology, and as with the previous powertrain

components discussed, it is possible to perform sweeps of technology levels to assess

and leverage any bene�ts from future technologies, with regards to overall aircraft

mass.

It is the function of the inverter, to convert the DC voltage (and current) values on

the DC bus, into a usable sinusoidal wave form, of the required number of phases,

for the propulsion motor(s) [43]. Models for such components exist in software such

as PLECS [44], with a model of a simple voltage source inverter given in �gure 2.8,
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whereby the minimum quantity of speci�c components can be observed. Here, six

switching devices, which could be MOSFETS or GAN devices, are controlled by a

switching circuitry, usually from a digital signal processor in physical applications,

and the switches are switched according to some switching regime, such a space

vector pulse width modulation, to produce the required signals, to drive the motor,

at a speed governed by the frequency of the switching, which in this image are

represented by a series of resistive and inductive loads. A number of capacitors

may be placed across the DC link to permit for �ltering and attenuate any ripple

brought about by the switching. PLECS, provides an environment for in depth

inverter design, with the capability to incorporate thermal and loss models which

an be imported from manufacturers data sheets

Figure 2.8: PLECS Example of a Three Phase Voltage Source Inverter [44]

Similar to the motor sizing methodology, the work of [41], whom adopts look up

tables for speci�c components, has produced a sizing methodology for inverters and

�lter design. However, once again these models require a depth which is greater

than what is required by the sizing methodology, and having additional convergence

loops to build an inverter, in the event that additional switches are required in

parallel for current handling capabilities, or spanning a model across two software

platforms moves away from the objectives of the research, and as such, inline with

the other components, the power density will be factored into the model, rather

than the design of a bespoke inverter with individual switches, and bulk capacitance

requirements is opted for.
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2.2.5 Ancillary Propulsion System Components

The major components which comprise the propulsion systems of electric and

hydrogen-electric aircraft have been discussed within the previous subsections; how-

ever, additional supporting hardware is required for component networking, and

safety. These components are namely, cabling, bus-bars, circuit breakers and con-

tactors to name a few. Within the literature which pertains speci�cally to aircraft

and vehicle sizing, which has been referenced thus far, there is no mass accredita-

tion for these components, and only minimal reference made, with the exception of

the Bombardier emergency system, which does incorporate the contactors within

the electrical model, but, has no requirement for accounting the mass. These com-

ponents are not speci�c to only electric and hydrogen-electric aircraft powertrains,

but are also found commonly in the electric vehicles, including cars, trains and

ships, which provide excellent resources, to support the discussion of each, and a

brief description of each of these components, and their place within the aircraft

electrical system are discussed below.

ˆ Cables - In the context of the electric and hydrogen-electric propulsion sys-

tem, the cables form the main interconnections between the battery or fuel

cell, bus-bars and the propulsion motor(s), via, the inverter(s), converter(s)

and power management system(s) within each respective branch. The selec-

tion of the cable requires a number of considerations, such as the current

carrying capability, insulation types, due to the Corona e�ects, shielding, due

to EMI requirements, and weight optimisation. This does also not include the

cabling required for the general aircraft systems such as onboard lighting, or

actuation systems, including electric 
ap / slat actuation motors.

ˆ Bus-bars - Generally observed as copper conductors which consolidate and

distribute current between the major subsystems. Bus-bars have the advan-

tage of o�ering low resistance, for reduced resistive losses, and improved cur-
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rent handling capabilities, relative to 
exible cabling. Having a set of common

rails in which to connect subsystems, reduces the complexity of the electrical

system layout, and improves the reliability of the system, through reduced

connections and terminals.

ˆ Circuit breakers - The purpose of circuit breaking equipment, is to provide

a level of protection for the electrical system, through disconnection of power

during an over current event or fault condition within the respective subsys-

tem. Circuit breaking equipment is not exclusive to electri�ed aircraft, and are

a fundamental element of all aircraft; and particularly in commercial aircraft.

Circuit breakers are featured in the cockpit, for easy access by the pilot(s),

and traditionally used magnetic and thermal actuation, however, solid-state

circuit breakers now replace, or supplement these, due to their reduced mass,

and rapid response times, to fault conditions.

ˆ Contactors - In conjunction to circuit breakers, contactors are electrically

controlled switches, which are used to connect (or disconnect) high-voltage

circuits, and by virtue, play a crucial role in electric or hydrogen-electric

aircraft system start up, or shut down processes, pre-charge operations, and

emergency isolation. Aerospace certi�ed contactors are designed to withstand

high current and voltage levels, in addition to minimising arc formation during

operation.

The modelling of the cabling for a hydrogen-electric aircraft is an additional com-

plexity for the sizing methodology, and although, previous sizing equations, for

conventional aircraft, such as that from [45], equation 2.6, does give some indica-

tion for the mass of the electrical system, given as a function of the avionics and fuel

system, as per equation; as such this does not uphold for electric or hydrogen elec-

tric aircraft. The work of [46] presents a methodology for power cable estimation in

electric aircraft propulsion systems, by comparing three di�erent strategies, which
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surround selection of cables from o�-the-shelf options, design based on steady-state

thermal limits, and design based on transient thermal limits, considering conduc-

tor and insulator materials, as well as their dimensions; preliminary results for the

cable, thermal and weight estimation from transient and steady state models are

presented in table, with the useful values of mass per unit length, (mtot ), for vari-

ous values of ampacity, at ambient temperatures, relative to reference values, based

on the American wire gauge (AWG); as can be observed the reference vaues show

strong con�dence with the calculated values ofmtot . Although, the methodologies

presented o�er some insight into the sizing of the cables, a number of inputs which

go beyond that of the proposed conceptual design are required, including the bat-

tery voltage, insulation breakdown voltage, dielectric permittivity of the insulating

material and insulation thickness, which does not align with the battery model

selected for this project; a more advanced battery model, and a selection of empir-

ical cable data values, could lend itself well to adopting the cable mass estimation

methodologies presented in [46]. However, The sizing of the cable mass, in the

context of conceptual aircraft design, isn't necessarily a simple question of having

some knowledge of the power handling capabilities of the cable mass or indeed cal-

culating the mass per meter values, because, as well as attempting to reduce the

number of inputs into the methodology, additional considerations are required to

be factored in. In order to appropriately size the quantity, lengths, and as such

mass of the high voltage cabling, an additional level geometrical accuracy, and the

levels of redundancy or safety is required when the aircraft is being sized. Based

on this, there is a requirement to understand the relative positions of all of the ma-

jor components within the aircraft and consider emergency scenarios. The relative

positions of the components within the aircraft raise further questions, and can be

in
uenced by the technology levels used. For example, Hart aerospace [28] propose

a "blister" pack located on the underside of the fuselage to store the battery, as per

�gure 2.9, and based on this, there would be a requirement for high voltage cabling

to be taken towards the motors, mounted on the wings, via DC-DC converts and
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power management systems, which maybe located elsewhere within the aircraft,

and some network of cabling would be required to support redundancy. However,

in a scenario of future battery technology, which the model in this project permits

for, it may be possible to move the battery to the wings, and connect a battery

independently to a motor, possibly without the need for a bus bar, or taking ad-

vantage of shrinking the entire package by using an integrated drive system [47],

where all of the DC-DC converter, motor, cooling, control and power management

are all packaged in a single unit, reducing the need for interconnecting cables, and

furthered again by advances in technology, such as 3D printed bus-bars, to increase

the overall power density of the unit. Placing a hydrogen fuel cell within the system

would force the requirement for additional cable, and again, some knowledge of it's

placement within the aircraft, for the determination of the cable length; a placement

which may be an unknown. All of these factors result in the sizing of the aircraft's

high voltage cable mass being open to error and something of a subjective topic;

additionally the assigning of a coe�cient to the aircraft mass, or some component

masses to cover the cable mass would require further optimisation studies which

consider fuselage and wing lengths, technology levels of all of the major compo-

nents, and some for of failure rates analysis to compliment the major propulsion

system components.

Figure 2.9: Hart Aerospace battery location proposal

Welectrical = 12:57� (Wfuelsystem + Wavionics )0:51 (2.6)
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Table 2.5: Cable thermal and weight estimation from the transient and steady
models developed by [46]

AWG Conductor Radius Ampacity Ref Temp. Transient Steady State Ref m tot Calc. m tot
(cm) (A) � C Temp � C Temp. � C Ref (kg/m) (kg/m)

10 0.129 50 75 77 77 0.086 0.088
8 0.1632 70 75 75 74 0.140 0.143
6 0.2057 95 75 78 77 0.1949 0.196
4 0.2595 125 75 76 76 0.2694 0.279

Where:

Welectrical is the weight of the electrical system (in pounds)

Wfuel is the weight of the fuel system (in pounds)

Wavionics is the weight of the aircraft's avionics (in pounds)

Aerospace contactors are available as o�-the-shelf components, from distributors

such as TE connectivity, whom have presented a useful white paper on the subject

of current and legacy contactors [48] [49]; explaining in detail, the operation of the

device, including pre-charge circuitry, and additionally, provides information for

the characteristics of switch o� capabilities and overload behaviour. The adoption

of higher voltages, in addition to designs for legacy 28VDC system, which are not

suited for high voltage switching due to their inability to generate adequate arc volt-

age interruption, within an acceptable packaging size, require the use of additional

components such as arc splitting plates, runners, blow-out magnets and better in-

ternal switching atmospheres, and systems such as the 270VDC and the 540VDc,

which are often split into positive and negative channels, must now be controlled by

either 2 contactors or new two-pole switching designs. From publicly available com-

mercial data, a selection of high voltage DC contactors from the automotive sector,

used in EV and HEV applications are available in table??. For the power density

calculation of the contactor, the decision is made to use the rated power, based on

the continuous current rating, observed during steady state operation, rather than

the interrupt or switching rating, which permits for greater current over shorter

time periods; for example, the BSBC8V from [50], is rated at a continuous 500A,
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Table 2.6: O�-the-Shelf Contactor Technology

Contactor Model/ Rated Power Approx. Mass Power Density
Manufacturer

BSBC8V-500A, 1000V [50] 500A� 1000V = 500kW 0.4kg � 1250 kW/kg
BSBC8V-200A, 1000V [51] 200A� 1000V = 200kW 0.35kg � 570 kW/kg

EVQ500 [52] 500A� � 1000V = 500kW 0.93kg � 538 kW/kg
EVQ200 [53] 200A� � 1000V = 200kW 0.43kg � 465 kW/kg

however, it has the capability to support a heavy load tolerance of 600A for 120

seconds, 900A for 30 seconds, and 1000A for 10 seconds. These data points provide

realistic bounds for contactor mass contributions in propulsion system mass esti-

mation. However, in conjunction to the cable mass estimation, it is required that

some level of understanding of the necessary redundancy and network topology is

supplied to methodology, as the contactors would be placed inline between various

subsystems, therefore the same argument is stated for the contactors as it was for

the cables in regards to the reasons for the additional complexity when attempting

to model them as part of the sizing methodology.

Based on the previous discussions for cabling, and switching, including their com-

plexity to model accurately with some level of con�dence in the results, and in order

to reduce the computational complexity of the model, the modelling of bus-bars,

circuit breakers, and contactors is omitted from this project. It stands to reason

that this would have some impact on the �nal MTOM value of the aircraft, with

respects to a possible underestimation in certain respects, if the models described

above were implemented, however, as previously desribed, the above models do not

lend themselves well to conecptual aircraft sizing methodologies, where fast simu-

lation times are a factor. Additionally, applying a coe�cient to cover the mass of

these systems, as a function of the aircraft's MTOM, has the potential to induce

greater inaccuracy for the �nal results, if a thorough trade study to ensure that

the coe�cients are accurate in accordance with the selected technology levels, and

redundancy values, has not already been undertaken.
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2.2.6 Hydrogen-Electric Aircraft Design Methods

Stalwart methods for aircraft conceptual design have evolved from the early method-

ologies developed for both powered and non-powered aircraft, dating back to the

1920s and 30s [54] [55] [56]. Although, their original work still forms the basis of

proceeding works, despite great advances in aerospace technology, and computation

used for such development and design purposes. The design of an aircraft or aircraft

system is generally an undertaking �lled with complexity, and very much a process

of multi-iteration, multi-phase and as is previously described, multi-disciplinary,

spanning many engineering disciplines. Fundamental objectives of the conceptual

aircraft design model include, the usually con
icting, high numerical accuracy, with

low computational time.

The classic Br�eguet range and endurance equations, taught in most undergraduate

aerospace engineering studies, allow for the calculation of the aircraft's Maximum

Take O� Mass (MTOM), under the consideration of a simple a mission performance

analysis, when a traditional fuel burning engine is used, and the mass of the energy

carrier (fuel) depletes. This concept is dealt within the main body of the thesis,

but the reader is referred to aerospace design textbooks for further insight [31][20]

[57][58][59]

This does not hold true for propulsive energy and power carriers whose mass does

not deplete during 
ight, such as aircraft propulsion systems powered, or part pow-

ered by batteries or super-capacitors.

Designs for hybrid-electric, and hydrogen-electric aircraft propulsion architectures

have become well documented, more so the former, and new methods for aircraft

sizing have emerged. [6] identi�es numerous propulsion system con�gurations for

hybrid-electric and all electric aircraft.

The most prominent work on sizing aircraft with novel propulsion systems, comes
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out of FH Aachen University [21], where literature suggests a move away from the

classical fuel fraction methods presented in legacy literature, with a step towards

an energy analysis using kinetic energy, potential energy, and energy expended to

aerodynamic drag, termed the transport energy, and shown in equation 3.42

� E =
m � g � V

L=D
� � t

| {z }
� EAeroDrag

+
m � � V 2

2
| {z }
� EKinetic

+ m � g � RoC � � t
| {z }

� EP otential

(2.7)

where � E is the change in energy for a given time step, �T, based on the aircraft's

weight, given by the product of mass,m, and the gravitational constant, g, its

velocity, V , and where appropriate, the rate of climb, RoC, and lift to drag ratio,

L=D.

With a known energy demand for each 
ight phase, the energy is apportioned

to any non-consumable energy carriers, Enc, such as batteries or super-capacitors,

determined by the hybridisation of energy, HE,phase, given by equation 2.8

HE;pahse =
� Enc

� E
(2.8)

In addition to the hybridisation of energy, a complementing term, the hybridisation

of power, is also introduced, denoted as HP,PH for parallel-hybrid aircraft, and HP,SH

for serial-hybrid aircraft. In the case of a parallel-hybrid con�guration this is the

ratio of the power requirement of the EM,PEM;max , speci�ed by the the split point

of the total power demand,Pmax , this is shown in equation 2.9.

HP;P H =
PEM;max

Pmax
(2.9)

For serial-hybrid con�gurations, a modi�cation is made to equation 2.9, as failure

to do so would lead to a value of one, for every scenario, due to all of the power

coming from the EM, with no consideration taken to the range extending engine.
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Therefore, the power of the engine is factored into the denominator, as per equation

2.10; a value of one in this scenario dictates that the engine is providing all of the

power, and a value tending to in�nity suggests an all electric aircraft.

HP;SH =
PEM;max

PICE;max
(2.10)

The hybridisation of power is a �xed value which forms part of the initial design

criteria, and in the case of [21] part of the optimisation variables.

The energy from every time step is split according to the HE, to determine the energy

from non-consumable mass carriers, �Enc, and the energy from the consumable

mass carrier, �E c, and the power for the EM, PEM , and ICE, PICE , is given by

equations 2.11 and 2.12 respectively. During each time step, a validation must be

performed to ensure that the power of either branch of the system does not breach

the hybridisation on power.

PEM =
� Enc

� stT;EM � � t
(2.11)

PICE =
� Ec

� stT;ICE � � t
(2.12)

As can be observed in the above equations, new terms have been introduced,� StT;EM

and � StT;ICE , these pertain to the shaft to thrust e�ciencies for the branches con-

taining the electric motor and the ICE, and are constituted of the product of the

e�ciencies of individual components or modules in the e�ciency chain. E�ciency

chains from multiple sources have been compiled to highlight to the reader, some

of the representative con�gurations, see �gure 2.10. Initial sizing literature has

shown �xed values for the e�ciency of modules along the e�ciency chain, to permit

for swift analysis; however, FH Aachen are looking towards the development of a

variable e�ciency sizing methodology.
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Figure 2.10: E�ciency Chains for Various Propulsion Systems

As shown in [20][21] the sizing process begins with the development of a constraint

analysis. An arbitrary, yet representative example of the completed constraint

analysis is shown in �gure 2.11

Figure 2.11: Gudmundsson's Constraint Diagram Concept

The constraint diagram takes advantage of constraint diagram equations, which are

presented in the main body of this report, and permit for the determination of a

power to weight ratio with respects to a wing loading. An initial assessment of the
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aircraft mass permits for the maximum installed power to be determined, based on

the optimal design points from the constraint diagram, permitting they fall within

the acceptable region. The works of [60] make use of the constraints diagram.

It is also worth noting that two forms of the equation used to determine the air-

craft drag coe�cient during 
ight, have been observed in sizing methodologies for

hydrogen-electric and electric aircraft design. These equations are the simpli�ed

drag model, and the extended drag model given in equation 2.13 and 2.14 respec-

tively. The simpli�ed drag model assumes that the minimum coe�cient of drag,

CDmin , occurs when the lift is zero, and applied to an un-cambered airfoil. The

extended drag model applies to airfoils' which include camber, such as the DO-A5

airfoil used on the Dornier 228's main wing section [61]. The DO-A5 presents a

maximum camber of 2.5%, at 75% along the chord length, and is denoted by the

purple dashed line in �gure 2.12. Symmetrical airfoils, typically used for the hori-

zontal and vertical stabiliser, or small, home built aircraft main wing sections don't

possess any camber, as shown by the airfoil used for the horizontal stabiliser of the

Cessna 175 Skylark, in �gure 2.13 [62] [63]. Two separate studies for the Dornier

228, which see the aircraft re-powered, with the �rst study from [21], demonstrating

a hybrid-propulsion system, using batteries and a turbo-shaft engine, and the sec-

ond study from [38], demonstrating a hydrogen fuel cell powered aircraft (without

batteries), appear to calculate the aerodynamic properties of the aircraft di�erently,

with [21] using the extended drag polar, and [38] using the simpli�ed drag polar.

....... The e�ects of these, and their variations in calculated power will be examined

in the main body of this report.

CD = CDmin + K � C2
L (2.13)

CD = CDmin + K � (CL � CLmind )2 (2.14)
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Figure 2.12: DO-A5 Dornier 228 Main Wing Airfoil

Figure 2.13: NACA 0012 Airfoil for Cessna 175 Horizontal Stabiliser

In addition to providing a means for establishing the power requirements for a time

step, the work of [21] also provides a methodology to calculate the brake speci�c

fuel consumption of a custom reciprocating engine, which is sized according to the

maximum power of the constraints diagram. This equation is presented equation

2.15. This is a useful asset, as it permits for fuel burn calculations when sizing a

conventional reference aircraft, and the engine performance data is unavailable. As

sizing of a conventional aircraft, forms part of the sizing methodology, this equation

could be implemented.

BSFC =

BSFCopt

 

(1:6 � BSFCminP ) �
� �

100�P
Pmax

� 80
� 2

� 0:54

+ 100

!

100
(2.15)

Where:

BSFC = Brake Speci�c Fuel Consumption (BSFC) at a given power condition

BSFCopt = Best obtainable BSFC

BSFCminP = BSFC at the minimum usable fuel consumption, relative toBSFCopt

P = Power at given 
ight condition

Pmax = Maximum power produced by the engine

A novel paper from [37] proposes a fuel cell retro�tted Cessna Caravan. This par-
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ticular paper does not factor in any propulsive power from batteries, to cover the

transient periods during changes in power, or purely for propulsive power, during

take-o� and climb, and takes advantage of the legacy thrust equations from aircraft

design textbooks, in order to determine the power requirement for the fuel cell. Ad-

ditional novelty from this paper comes in the form of a failure modes and reliability

analysis, to assess the failure rates of the propulsion systems main components,

and is potentially one of the reasons why the model does not consider any fuel cell

transient behavior, or the acknowledgment of any batteries for propulsive purposes.

[64] presents a generic platform for a fuel cell vehicle. The works of [65] provides

research surrounding integrated optimal design for hybrid electric powertrains of

future aircraft. [66] focuses on the power distribution and propulsion system for an

all-electric short-range commuter aircraft, in the form of a case Study. Additional

information regarding drag polar data for a speci�c variant of commuter aircraft

is given by [67] for the Jetstream 31 National Flying Laboratory. [68] presents

research exploring vehicle level bene�ts of revolutionary technology progress via

aircraft design and optimization.

2.3 DC-DC Converters

This section begins with a consideration of the voltage levels observed onboard

aircraft. Aircraft have a range of onboard voltages, these are in place to provide

power to the various systems, ranging from the high power actuation devices for

the control surfaces, down to the low power avionics and passenger in-
ight enter-

tainment services. The power for the aircraft can be generated from a multitude of

sources, whether this is the accessory drive of a turbo-fan engine, an alternator of

an internal combustion engine on a light aircraft, energy stored in batteries, or less

conventionally for aircraft, a fuel cell. A number of common aircraft voltages are

shown in �gure 2.14 from [69], and a simpli�ed example of a power distribution sys-
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tem from a twin engine aircraft with an auxiliary power unit from [70], presented as

�gure 2.15, in addition to a similar example to validate the system, from [71], given

as �gure 2.16 which also provides reference to the speci�c bus voltages included in

some aircraft, although this does vary depending on the particular aircraft [72].

Figure 2.14: Various Aircraft Voltages used Onboard Aircraft with Time [69]

Figure 2.15: Simpli�ed Example of Twin Engine Aircraft Power Distribution System
[70]

The previous discussion for the Bombarider fuel cell based emergency power system

also discusses the power and voltage levels used within the system; however, this

system steps up the voltage from the fuel cell, rather than stepping down the volt-

ages as observed in �gure 2.16. The common requirement to all of these systems is

the requirement for power converters, where, depending on the requirements, could
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Figure 2.16: Simpli�ed Example of Twin Engine Aircraft Power Distribution System
with Bus Voltages[71]

be used to augment AC voltage waveforms to DC voltage waveforms, through an

AC-DC converter, known as a recti�er, or vice versa, in a DC-AC converter, also

referred to as an inverter, as discussed previously. Alternatively, converters can be

used to step DC voltages up or down, depending on the downstream bus require-

ments, such as the 270V to 28V step down from �gure 2.16.

Depending on the application or downstream bus requirements, the required voltage

is stepped in a particular direction. In order to achieve this, one of the main

variants of converter can be utilised. From [73], a number of converter topologies

are identi�ed, however, of particular note are the following basic switch mode power

supply topologies:

ˆ Buck Converter - Regulates the output voltage to a level lower than the

input voltage.

ˆ Boost Converter - Increases the output voltage to a level higher than the

input voltage.

ˆ SEPIC (Single Ended Primary Inductor Converter) - This allows the
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output voltage to be greater or lower than the input voltage.

ˆ Buck-Boost Converter - Produces an output voltage of the same polarity

as the input, which can be either greater or lower.

ˆ Cuk Converter - This provides a continuous current while inverting the

polarity.

Despite all of these converters having dissimilar objectives, they do share the same

common components, those being:

ˆ Inductor (L) - The inductor stores and transfers energy between the input

side and the load side, regulating the current 
ow.

ˆ Capacitor (C) - Multiple capacitors may be placed in a switched mode power

supply, to �lter and smooth voltage 
uctuations across the input DC supply,

and load.

ˆ Switching Device - These are commonly MOSFETS or IGBTs, and they

act as an 'electronic switch' to control the energy transfer, as a function of

their duty-cycle on time.

ˆ Diode - Converters which do not take advantage of complimenting switches,

may take advantage of a simpler approach and use a diode, which provides a

path for current, but prevents reverse current.

ˆ Controller / Digital Signal Processor (DSP) - It is the job of the con-

troller / DSP to provide the switching pulse width modulation (PWM) to the

gate drivers, associated with the switching devices. Additionally these de-

vices may also be used to detect input signals from sensing equipment, such

as current and voltage sensors, to support closed loop control.
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Application notes from [74] describe the fundamental theory of the buck converter,

and describes the law of inductance, whereby, when voltage is applied to an in-

ductor, this will induce a current, and this current will vary with respects to time.

The fundamental law, governing the voltage across an inductor given by equation

2.16, and represented in �gure 2.17. The statement is made that when the current

waveform is plotted with respects to time, the value of di/dt is de�ned as the slope

of the current plot at any given point. From �gure 2.17 the left-hand most plot,

shows that current which is entirely DC, with zero ripple and as such constant with

time, having a di/dt value of zero, and the resultant voltage across the inductor is

going to be zero. The plot in the center shows a current which is increasing with

time, as as such has a positive of di/dt, yielding a positive inductor voltage, and

the inductor is building a magnetic �eld, and classi�ed as 'storing energy'. Finally

the, the right-had most plot, is the inverse of this, and represents a current that

decreases with time, resulting in a negative value for di/dt and inductor voltage.

V = L �
di
dt

(2.16)

Figure 2.17: Inductor Voltage-Current Relationship [74]

It is possible to use the most simple buck converter model, to show the current paths

as the switch transitions between on, given by �gure 2.18, and o� given by �gure

2.19. For the MOSFET on stage, when the MOSFET is turned on, this connects

the inductor to the supply; the potential is then made across the inductor, causing

a rise in the current going through the inductor; this is shown in the buck converter

current 
ow waveform from [74], in �gure 2.20, during the TON period, at which
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time the current simultaneously 
ows into both the output capacitor, causing it to

charge, and the load.

The TON period is governed by the duty cycle,D, which is a function of the input

voltage from the supply, and the required output voltage. This is expressed in

equation 2.17. At the end of the duty cycle, the MOSFET is turned o�, and as

such the input voltage into the inductor from the supply is removed. However, the

inductor does not have the ability to change its current instantaneously, this results

in the voltage across the inductor, adjusting to try and hold the current constant.

Eventually, the negative voltage, cased by a decrease in current, will cause the

current to begin 
owing through the diode, via the load, in conjunction with the

discharging capacitor. This decrease in current is observed during theTOF F period

in �gure 2.20

D =
Vout

Vin
(2.17)

Figure 2.18: Buck Converter Current Flow: MOSFET ON

Figure 2.19: Buck Converter Current Flow: MOSFET OFF

With an understanding of the current waveforms through an inductor, in a buck

converter, it can be related back to one of the overarching objectives of this research
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Figure 2.20: Buck Converter Current Flow: Waveform [74]

which pertains to the saturation of inductors. A more in depth discussion on in-

ductors will be considered, in the next section, however, it is work noting how the

current waveforms of an inductor change, when saturation is experienced, as this

also relate to the waveforms when experimental validation is considered. Inductor

saturation occurs at the point when the core of an inductor reaches its maximum


ux density, this causes a considerable decrease in inductance, and a rapid increase

in di/dt. Reaching saturation has the e�ect on the inductors ability to regulate

current, which in turn leads to increases in the core losses, excessive heat, and

instability in the circuit [75].

Figure 2.21, from [76], shows the inductor current waveform for a saturated and non-

saturated inductor core. it is clear to see the similarities between the core without

saturation in �gure 2.21, and the waveform given in 2.20, albeit both waveforms are

experiencing slightly di�erent duty cycles, but this is incidental, as visually, both

di/dt values look to be low. However, turning attention to the wave from of the

saturated current, it is clear to see that it matches the description of a saturated core

from [75], with large values for di/dt. This waveform also appears to be non-linear,

unlike the non-saturated equivalent.

From what has been discussed previously, it is evident that the resultant saturation,

where the core reaches its maximum 
ux density, is related to the current, which

brings the topic into an initial means of preventing inductor saturation, and prevent

the requirement for a single large current carrying inductor, in a high power DC-DC

converter. This can be achieved through what is referred to as interleaving.

Interleaving a converter implies that multiple phases operate in parallel, with a

phase shifted switching pattern, controlling the number of switches in the circuit.
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Figure 2.21: Buck Converter Current Flow: Saturated Inductor Waveform [76]

Figure 2.22 best describes this topology, where it can be seen that rather than the

single phase buck converter presented previously, there are now two parallel paths

for the current to travel through, this in e�ect halves the current that each inductor

would normally be exposed to, while still permitting for the full current required

by the load, when the currents from each indictor combine at the node point before

the capacitor. The number of interleaves can also be increased beyond two, as

presented by the work of [77], with their design and control of a 6 phase Interleaved

Boost Converter based on Silicon-carbide semiconductors fuel cell electric vehicle,

and [78] with their design and comparison of a 10-kW interleaved boost converter

for photo-voltaic application using Silicon and Silicon-carbide devices.

Figure 2.22: Interleaved Buck converter Topology

The interleaving of converters does not just bene�t from the advantage of shared
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load current, as this also leads to additional bene�ts as a byproduct; Including:

ˆ Reduced Input and Output Current Ripple - This is made possible due

to the phase shifting of multiple switching stages, such that the ripple currents

of individual phases have the potential to cancel one another out; however,

this does depend on the number of phases in the system, and the operational

duty cycle, as shown in �gure 2.23 from [79]. Reducing the current ripple has

the e�ects of improvements to converter e�ciency and reduces requirements

for bulky �ltering components.

ˆ Reduced Size Passive Components - A ripple reduction also provides the

bene�t of physically smaller capacitors and inductors.

ˆ Enhanced Transient Response - As there are more phases responding to

changes in demand, interleaved converters have the ability to respond quicker,

relative to non-interleaved equivalents.

Figure 2.23: Interleaved Buck Converter Ripple Cancellation as a Function of
Phases and Duty Cycle [79]

Multiphase Buck converter design is considered practically, in the application notes

of [80], which provides a step by step process for the development of a multiphase
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buck converter. This reference also reiterates the current cancellation and provides

a visual reference for a two phase interleaved buck converter, which is repeated

here as �gure 2.24, and also shows the duty cycle for each phase, denoted as PH1

and PH2; this also support the relationship between theTON of the switch and the

increase in current with respects to time.

Figure 2.24: Inductor Current Waveforms [80]

From the work of [81], a power-dense, interleaved, bi-directional DC-DC converter

for use in automotive applications achieved a power density of 15.7 kW/kg.

2.4 Biased Magnetics

This project centers around investigating the e�ects of mass reduction in converter

technology, used onboard aircraft. To support this research e�ort, and provide

some practical meaning to the results of the aircraft simulations, one of the most

heavy and voluminous components of the converter, namely, the inductor, whose

size and weight places limits on achieving continually higher power densities [82]

[83], is investigated in depth, in a bid to provide improvements to converter power

density, and volumetric e�ciency.

Inductors are considered the largest and heaviest components of the converter. In
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certain applications, they rely on magnetic cores, such as ferrites, or laminated steels

to store the energy in a magnetic �eld [84]. When a standard inductor is placed in

a unidirectional DC-DC converter, it operates solely in the positive current range,

as per �gure 2.25. This �gure also demonstrates that the linear inductance region

in the negative current range remains entirely unexploited.

Figure 2.25: Non-Biased Inductor Operating Range

The concept of Permanent Magnet Biased Inductors (PMBI), identi�ed during the

1950's, when applied in a unidirectional DC-DC converter allows the utilisation of

the inductance values which would otherwise be only accessible to negative currents,

as in �gure 2.26. This allows improvements to the power density of the converter,

as an inductor which is under 100% bias achieves equivalent inductance values as

the non-biased, with only a 50% requirement for the core's cross sectional area or

alternatively, only 50% of the required number of turns [85].

Figure 2.26: Biased Inductor Operating Range

The fundamentals of biasing an inductor are well presented in [86], which begins by

highlighting that the saturation limits of ferromagnetic core materials are indepen-
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dent of magnetic �eld polarity, and presents a symmetric saturation 
ux density,

Bsat and � Bsat in the �rst and third quadrants of the B-H loop. This can be ob-

served in �gure 2.27, and how it is related to the linear inductor values for both

positive and negative currents.

Figure 2.27: Non-Biased Inductor B-H Loop

The magnetic 
ux circulates through the highly permeable inductor core material,

akin to current 
owing around an electrical circuit with limited resistance, where

� is the permeability in �gure 2.27, and its value de�nes de�nes the slope of the

BH loop of an inductor. However, the magnetic core which has the advantages of

high permeability, has the disadvantage of low capabilities for energy storage; the

implementation of an air-gap within the core's length extends the inductors ability

to store energy, and who's length determines the linear inductance value, such that

an inductor with a 'smaller' air-gap exhibits a larger linear inductance value, with

a decreasing saturation current limit, while a 'longer' air-gap, reduces the value

of linear inductance, but increases the current limit value. This relationship is

validated by the maximum current and inductance product, which must remain

constant and equal, when considering the 'small' and 'longer; gap using the same

core properties; the inductance current product is given in equation 2.18.
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L � I max = Bsat � Ac � N (2.18)

Where:

L = Inductance (H)

I max = Maximum current at saturation point (A)

Bsat = Saturation Flux-density (T)

Ac = Core cross-sectional area

N = Number of turns

Using permanent magnets allows for an initial bias to be set into the core. This in

turn moves the previously non-accessible linear inductance region from the negative

current range, into the positive current range, whereby, at zero current the 
ux-

density is located on the positive scale, in the second quadrant, as per �gure 2.28,

which sows an inductor with 100% bias. This �gure also highlights why the PMBI

is used in unidirectional applications; if the current provided to the inductor is in

the negative range, saturation will be almost instantaneous, if the PMBI is set at

100% saturation.

Figure 2.28: Biased Inductor B-H Loop
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A standard inductor operates from zero amps, and its maximum 
ux density in-

crement, � B , can be de�ned as the zero toBsat value, where as a PMBI operates

from some bias point in the second quadrant, between zero and� Bsat , up to Bsat .

Therefore the 
ux density increment for a PMBI, � BP MBI is given as the 
ux den-

sity bias value,Bbias, summed with the core'sBsat value. From [86] the term Bias

Improvement Factor (BIF) is introduced, which highlights a ratio between the max-

imum 
ux density increment of the PMBI and the non-biased; this is presented as

equation 2.19, and can be used to readjust the inductance current product equation,

for that of an inductance current equation for a PMBI, given by equation 2.20.

BIF =
� BP MBI

� B
=

Bbias + Bsat

Bsat
(2.19)

L � I max;P MBI =
Bsat � Ac � N

BIF
(2.20)

For a BIF of 2, where thebbias, is equivalent to that of Bsat , this indicates that

it is possible to attain either twice the value of inductance, or more useful to this

research, twice the current. Alternatively, it is possible to reduce either the number

of turns, or the core cross-sectional area by 50%, with respects to the non based

counterpart. Partial saturation, where the BIF is between 1 and 2, or over satu-

ration where the BIF is greater than 2, may also be useful in certain applications,

particularly for the over saturation, where they can be used in applications for high

DC currents with smaller AC peak-to-peak currents.

Di�erent design advantages to the inductor, can be achieved depending upon the

level of BIF introduced. From [86], an EE core with permanent magnets introduced

into the air-gap to achieve a 100% bias and subsequently a BIF of 2; a summary of

each of these con�gurations and improvements is shown in table 2.7
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2.4. BIASED MAGNETICS

Table 2.7: EE Core Permanent Magnet Biased Inductor Design Variation

Design Exploited Parameter(s) Design Bene�ts

Inductor A 2I sat

ˆ 200% Isat

ˆ 200% Jmax

ˆ 400% E = L � I 2
sat=2

Inductor B N=2

ˆ 50% N

ˆ 50% Jmax

ˆ 25% RDC

Inductor C Ac=2

ˆ 50% Ac

ˆ 50% core volume

ˆ 70% MLT

ˆ 70% RDC

Inductor D Ac=
p

2 & N=
p

2

ˆ 70% Ac

ˆ 70% N

ˆ 80% MLT

ˆ 60% RDC

ˆ 70% core volume
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2.4. BIASED MAGNETICS

Inductor 'A' takes advantage of the 100% bias by increasing the saturation current,

Isat, permitting for the same core size, and DC winding resistance, but allowing

for the bene�t of doubling of the saturation current to that of, 2Isat, and this also

translates into a capability to store four times the amount of energy, relative to

that of the standard inductor, as the energy is proportional to current squared.

Reducing the number of turns required by half, such as that seen in inductor 'B',

allows for a reduction in the copper losses. Inductor 'C' lends itself well to mass

reduction advantages, by reducing the cross sectional area by half translates into

a 50% reduction in the core weight, and as an additional bene�t, also reduces the

winding's Mean Length Per Turn (MLT), by approximately 70%, which in turn,

reduces the total winding resistance, relative to the non-biased inductor. Finally,

inductor 'D', this di�ers somewhat to the other inductors, whereby the exploited

parameters, are spread between the the cross sectional area, and the number of

turns by a factor of 0.707 for each, resulting in a reduction of approximately 70%

for the core volume, 80% for the MLT and 60% reduction for the DC resistance,

relative to the non-biased equivalent.

The review paper given by [86] does an excellent job at capturing the landscape of

research for Permanent Magnet Biased Inductors (PMBI) technology. Additionally

it makes used of a considerable number of resources and builds well on the legacy

literature of the same topic, such as that from [87], which appears to be their

primary source, along with [88].

2.4.1 PMBI Materials

The bias 
ux, � bias, and the permanent magnet's properties for the PMBI, have a

dependency on theBsat of the inductor core material, and the operational frequency.

Whereby, operations at higher frequencies require a core material with a higher

resistivity. [86] provides a useful �gure, showing the saturation 
ux density, and
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2.4. BIASED MAGNETICS

remanent 
ux density for soft magnetic materials, and hard magnetic materials

respectively; this �gure is recreated here, for the readers convenience, given as,

�gure 2.29.

Figure 2.29: PMBI core and permanent magnet materials

It is also stated that from the soft magnetic materials, SiFe laminations used for

the core, o�er a high saturation 
ux density, in combination with a low resistivity,

making them useful for applications at lower frequencies; less than 1 kHz. On the

opposite end of the scale, the ferrites MnZn and NiZn demonstrate a somewhat

lower saturation density, but o�er a much higher electrical resistivity, making them

suitable for higher frequency operation; approximately 500kHz for MnZn [89], and

approximately 3MHz for NiZn [90]. The Nanocrystalline and amorphous o�erings

[91] provide a higher resistivity relative to the the SiFe material, and o�er saturation

values in the same region.

It stands to reason that a core material which is slated as having a high saturation


ux density value, Bsat , requires suitable magnets to be able to provide equivalent
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2.4. BIASED MAGNETICS

Table 2.8: Permanent Magnet Material Grades and Parameters

Sintered Neodymium Sintered Samarium Bonded Neodymium Strontium
NdFeB Cobalt, SmCo NdFeB Ferrite

Br min [T] 1 0.9 0.3 0.2
Br max [T] 1.48 1.1 0.76 0.45

Hc min [kA/m] 780 600 160 125
Hc max [kA/m] 915 800 517 288

Hcj min [kA/m] 955 1200 398 210
Hcj max [kA/m] 2786 1830 1230 400

BH max [kj/m 3 ] 256 200 110 24

Permeability 1-1.1 1-1.2 1.2-1.5 1.1-1.3
� r

Resistivity 150 �10 -6 100 �10 -6 14�10 -3 > 106
� [
-cm]

Curie Temp. 310 727-825 360 460
Tc[ � C]

Temp. Coef. Br -0.12 -0.001-0.045 -0.1 -0.18
� [%/ � C]

Temp. Coef. Hcj -0.6 -0.02-0.3 -0.4 0.4
� [%/ � C]

saturation values, where a 100% bias or over saturation is speci�ed. From [86], a

table of permanent magnet materials and grades are presented, in table 2.8, and it

is commented that Neodymium permanent magnets are typically found in sintered

form, and achieve the highest value for energy products,BH , and o�er a seemingly

low resistivity, while the Strontium-Ferrite material, yields the greatest resistivity,

it does possess a lower maximum energy product,BH .

Of particular interest, due to the aerospace related nature, and featuring a mag-

netically biased inductor, is the work of [92], which details a magnetically biased

inductor for an aerospace switched reluctance drive. In this particular study, a rel-

atively unseen core con�guration with respects to biasing, as seen in other papers

is used. A pot-core construction using soft magnetic composite materials is inves-

tigated in this study, and a �gure of this topology, with the magnets identi�ed is

available in �gure 2.30. Rather than an inductor designed for energy storage in a

converter, this particular application uses the bias 
ux from the permanent mag-

nets to help reduce the ripple currents brought about by the switched reluctance

machine, in a bid to reduce the DC-link capacitance required in the drive system.

Additional novelty was introduced when the pot-core topology was located axially

with the DC-link capacitors, in a bid to reduce the overall system volume, as well
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as support the reduction in ripple current. From [86], this particular study have

achieved a 10% bias, which may appear minimal, but any greater value of BIF,

maybe in excess of the bias 
ux required to cancel the currents.

Figure 2.30: Permanent Magnet Biased Inductor for Current Ripple Filtration in
an SRM drive system [92]

From [1] a patent is presented, and details a biased inductor topology which permits

for permanent magnets to be used outside of the airgap, and placed on an external

face between two cores, such that a magnetic 
ux path is established, and circulates

through both cores uni-directionally, taking the path of least reluctance. This can

be visualised using the �gure 2.31, taken directly from the patent. This particular

topology in combination with the concept of the interleaved converter opens up

the potential of applying a single set of biasing magnets to the inductor cores, in

order to increase the power density of the converter, through either a reduction in

core mass, and volume, or through leveraging the additional current gain before

saturation; this concept is depicted in �gure 2.32.

2.5 Conclusion

In conclusion, and based on the literature reviewed, there is a clear need to quan-

tify the e�ects of mass reduction resulting from technological improvements. How-
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Figure 2.31: Patented Permanent Magnet Biased Inductors (PMBI) Core Topology
[1]

Figure 2.32: PMBI Inductors in a Multiphase Boost Converter

ever, implementing every component or subsystem in full detail would lead to a

model of excessive complexity. To address this, a simpli�ed modelling approach is

adopted, to represent the primary components of the propulsion system, including

the motor, inverter, converter, and power management system. The masses of these

components are determined as functions of their respective power density, and the

aircraft's power requirements, enabling the development of sizing tool, balancing

computational e�ciency, with high model �delity.

Furthermore, gaps in the literature highlight the requirement for a parametric model

capable of incorporating the transient behaviour of fuel cell power, during changes
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in load, and for modelling the subsequent requirement for supplementary power

support from additional sources, such as a battery or super capacitors. In response

this research proposes a fuel cell model which factors in transients based on fuel cell

technology level, while requiring only minimal user inputs inputs.

Although a number of drag polars have been identi�ed in the literature, the in-


uence of their selection on overall aircraft mass remains undocumented. Further

investigation into this relationship is therfore proposed as another key contribution

from this study.

The second work package considers a speci�c focus on the PMBI technology. Using

the proposed topology for the core biasing presented in [1], in conjunction with

an interleaved converter, there is potential to yield an increase in speci�c power

density for a converter when compared to an equivalent converter using standard

non-biased magnetics, and additional, original research garnered from adopting the

topology identi�ed in [1], in a practical experimental DC-DC converter rig.

Although e�orts to capture as much pertinent information to support the project

has been undertaken, and presented in the literature review, the reader will also

encounter a number of additional, relevant and important references throughout

this document, which have been put in place to support the development of models

and methodologies as and when presented.
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Chapter 3

Hydrogen-Electric Aircraft

Modelling

Determination of the optimal propulsion system con�guration, and thus the in
u-

ence on the corresponding components required for the DC-DC converters, specif-

ically the passive components, relies on the modelling of a conceptual hydrogen-

electric aircraft.

A methodology, and complimenting sizing tool, for such has been developed, and is

presented in 
owchart form, in �gure 3.1. Initial inputs are used, and cascaded down

through a series of functions, which will be discussed in their respective chapters. In

order to guide the reader through the methodology 
owchart, and to substantiate

the minimum inputs or alternatives to the input recommendations required for the

tool, chapter 3.1 (below) is provided.

For ful�lment of the 'Input Parameters' block, a reference aircraft has been se-

lected for the purposes of extracting Top Level Aircraft Requirements (TLARs)

and mission requirements. The aircraft in question is the 19 seat, CS-23 category,

commuter aircraft, Dornier/RUAG Do228NG; shown in �gure 3.2. In addition to
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Figure 3.1: Methodology Flow Chart
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being used as the test bed for ZeroAvia's hydrogen-electric propulsion aircraft cam-

paign, this aircraft has been the subject of numerous studies for hybridisation, CFD

drag polar extrapolation, and hydrogen propulsion conversion, as well as being sup-

ported by available performance data; making it an ideal candidate for this study

[7][38][93][21][94].

In order to make the sizing tool applicable to use cases where aircraft data is

unavailable, this author o�ers alternative equations and generic values, available

from literature in the public domain, which can be used as inputs into the model.

The major draw back to this, comes in the form of limited accuracy, due to the

potential for generic values to propagate mass compounding factors, leading to

erroneous masses for some of the aircraft components or fuel masses. As such, no

study will be completed using these generic values, and they are included purely

for reference purposes and to highlight that it is possible to size a hydrogen-electric

aircraft with limited resources, or the necessity to complete complex computational


uid dynamics (CFD) studies.

Figure 3.2: Do28NG Hydrogen Propulsion Test Bed [95]
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3.1. MODEL INPUT PARAMETERS AND METHODOLOGY NAVIGATION

3.1 Model Input Parameters and Methodology

Navigation

The technical discussion, and corresponding equations for each section of the method-

ology 
owchart are presented separately, within their respective chapters. This sec-

tion aims to outline the minimum set of inputs required by the simulation tool, and

to provide additional context and navigation for each section of the 
owchart, as

well as an understanding of the interactions between the subsystems.

Focusing initially on section 1, identi�ed as 'Input Parameters', input 1A, speci�es

the requirement for an initial Maximum Take O� Mass (MTOM). The simulation

tool requires this initial value to be entered by the user, serving as a starting point

for the simulation. The selection of the initial MTOM is, to a certain extent, at the

user's discretion; however, to improve convergence time and assist the simulation in

identifying an optimal aircraft con�guration for the mission, it is recommended that

the selected value re
ects that of an equivalent conventional aircraft within the same

class. Several resources provide guidance for determining this initial mass, notably

[96] [19], which o�er empirical data for existing aircraft of the class, and methods

for estimating an initial MTOM, respectively.

With an initial mass de�ned, the next step is to incorporate the aircraft performance

parameters into the model inputs. These are denoted in 
owchart section 1, as

inputs 1B, the 'Top-level aircraft performance requirements', TLARs, which are

discussed in detail, within their respective subchapter. To provide initial context,

however, a brief overview is also presented here.

The TLARs consist of several performance speci�cations that the designed aircraft

is expected to be able to achieve. They are derived through a combination of regu-

latory requirements, issued by governing aviation bodies, including European Avi-

ation Safety Agency (EASA), the Civil Aviation Authority (CAA) and the Federal
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Aviation Administration (FAA), each of which de�nes minimum standards, such as

aircraft maximum stall speed, one engine inoperative (OEI) climb out performance,

reserve fuel and diversion requirements.

In addition to the aforementioned regulatory requirements, customer and market

requirements also inform the TLARS. These include parameters such as payload

(which can be constituted from passengers, cargo, or a combination of both), range

and cruise speed. Airlines typically perform extensive trade studies, and market

analysis to ensure that the next generation of aircraft within their 
eet, permit for

viable and economically sustainable operations.

A further user de�ned input, referred to as the 'throttle constraint' is also necessary.

This constraint ensures that the aircraft operates at a full power condition, only

during take-o�, consistent with the operating limits of the motor(s), which generally,

have the capability to operate at full power conditions, for short durations only; in

the order of a few seconds. The throttle constraint is a unitless factor, where take-

o� and climb with one engine inoperative, are assigned a value of 1, and subsequent


ight phases de�ned as a fraction of full power. In this study, values of 0.9 are

used for climb (with all engines operating), and 0.8 for cruise, loiter and diversion

phases, with 0 assigned for descent.

For the calculation of the take-o� parameters, additional environmental inputs are

required, including the aircraft's starting altitude, as well as the runway friction

coe�cient. Published data provides typical values for various runway materials;

here, a value of 0.04 is adopted, representing a concrete runway.

The �nal input for the TLARs, pertains to propeller e�ciency across di�erent phases

of the 
ight. Propeller e�ciency is primarily determined by the propeller con�gu-

ration. Fixed pitch propellers achieve peak e�ciency values within a narrow 
ight

regime, while constant speed propellers can vary the blade pitch, to maintain higher

values of e�ciency across multiple phases of 
ight. Representative e�ciency values
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Table 3.1: 1B - Top Level Aircraft Requirements - Performance

Parameter Unit Parameter Unit

Take o� distance Meters Diversion speed Meters per Second
Start airport altitude Meters AEO ROC at SL Meters per Second
Cruise altitude Meters OEI ROC at SL Meters per Second
Destination airport altitude Meters Range Kilometers
Diversion altitude Meters Diversion range Kilometers
Loiter altitude Meters Loiter time Minutes
Cruise speed Meters per Second Payload Kilograms
Stall speed Meters per Second Reserve fuel Percent
Take o� throttle constraint [-] Climb throttle constraint [-]
Cruise throttle constraint [-] Diversion throttle constraint [-]
Loiter throttle constraint [-] Descent throttle constraint [-]
Propeller e�ciency [-] Runway friction coe�cient [-]

for each of these propeller variations may be obtained from stalwart aircraft design

references, manufacturer data, or advanced analysis, such as blade element theory.

The values used in the simulation for the Dornier 228, taking advantage of the

constant speed propeller, are based on the work of [21], [20] and [19]. The speci�c

values for which, are 0.8 (i.e, 80% e�ciency), for all 
ight phases. The complete

list of TLARs inputs, along with their respective units, are presented in table 3.1.

To develop the aircraft sizing and simulation tool, such that it has the capability

to determine the total aircraft mass for an optimally sized propulsion system, it

is necessary to provide su�cient input parameters to enable the calculation of the

geometry and mass of the primary structural components, namely the airframe.

The determination of the structural mass is addressed progressively, beginning in

chapter 3.4. For this process to occur, a number of geometrical and structural

parameters must be supplied as inputs, as speci�ed in section 1, inputs 1C, 'Top-

level aircraft geometrical and structural parameters'; all of which are listed in table

3.2, and discussed further within this chapter.

It should be noted that an asterisk is placed against the Operational Empty Mass

(OEM) fraction, and the Speci�c Fuel Consumption (SFC) in the table. These
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parameters pertain exclusively to the optional conventional aircraft sizing routine,

described by section 3, 'Conventional Aircraft Sizing', and are explained in greater

detail, later in this subchapter.

Several of the parameters listed in table 3.2 are used to initialise the simulation tool,

but will vary throughout the aircraft resizing process. For example, an increase in

fuselage length to accommodate the H2 tank(s), results in a corresponding increase

in fuselage area, and consequently overall aircraft mass will increase. This mass

increase necessitates the resizing of the wings, thus increasing the wing span, and

area values.

Parameters expressed as ratios, such as aspect ratio, or thickness to chord ratio,

remain constant throughout the aircraft sizing process, and are therefore hard-coded

into the tool. Similarly, fuselage width and height, remain as �xed values, and are

not subject to variation.

The source of certain parameters, such as structural surface area, tail arm length, or

thickness to chord ratios, may require additional clari�cation. Thickness to chord

ratios are a function of the chosen airfoil, and can be obtained from online databases,

such as that of the NACA repository [63]. Where the airfoil is unspeci�ed, repre-

sentative textbook values may be used. Likewise, aircraft surface areas, and tail

arm lengths, can be estimated using legacy data, such as those presented by [45],

or derived by referencing comparable existing aircraft. alternatively, modern open

source tools, such as openVSP, can be employed to generate useful values, as will

be demonstrated in chapter 3.5.

As outlined in the objectives of this study, an investigation is conducted to evaluate

how variations in the selected drag polar in
uence the resulting aircraft mass. To

facilitate this analysis, a number of aerodynamic inputs are required to populate

the variables within each respective drag polar, and provide the aerodynamic data

necessary for constructing the constraints diagram. The concept of the constrains
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Table 3.2: 1C - Top Level Aircraft Requirements - Geometry & Structure

Parameter Unit Parameter Unit

Wing area Sq. Meters Wing aspect ratio [-]
Number of propellers [-] OEM fraction* [-]
Wing 25% MAC sweep Meters Wing taper ratio [-]
Aircraft ultimate load factor G. Constant Wing t/c ratio [-]
Horizontal tail area Sq. Meters Horizontal tail 25% MAC sweep Meters
Horizontal tail taper ratio [-] Horizontal tail aspect ratio [-]
Horizontal tail span Meters Vertical tail height Meters
Vertical tail area Sq. Meters Vertical tail t/c ratio [-]
Vertical tail 25% MAC sweep Meters Horizontal tail t/c ratio [-]
Vertical tail taper ratio [-] Tail arm length Meters
Fuselage surface area Sq. Meters Fuselage length Meters
Fuselage height Meters Fuselage width Meters
Wing Span Meters SFC* Kg/(KW or N)/hr

Table 3.3: 1D - Top Level Aircraft Requirements - Aerodynamic Inputs

Parameter Nomenclature

Minimum drag coe�cient CD;min

Take o� drag coe�cient CD;T O

Take o� lift coe�cient CL;T O

Maximum lift coe�cient CL;max

Lift induced drag constant K
� CLmax take o� 
aps � CL;max;T ake � of f

� Clmax landing 
aps � CL;max;Landing

Lift coe�cient at � 0 CL; 0

Oswald's span e�ciency factor e

diagram was discussed within the literature review, and is subsequently analysed

for the Dornier 228 case study in chapter 3.3, and appearing as the 'calculation of

the constraint diagram' within section 2 of the methodology 
owchart. Table 3.3,

titled 'Aerodynamic Inputs', provides context for section 1, inputs 1D, and lists

the speci�c parameters used. A detailed discussion of these aerodynamic inputs,

including rationale for their selection and methods for determining each value is

presented in chapter 3.2; prior to the construction of the constraints diagram.

In section 1, inputs 1E, the requirement arises to de�ne performance parameters

for the primary powertrain components, excluding the battery and fuel cell. For

the purposes of this project, the powertrain comprises of the motor(s), inverter(s),
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Table 3.4: 1E - Top Level Aircraft Requirements - Powertrain Performance Inputs

Parameter (Nomenclature) Unit Parameter (Nomenclature) Unit

Gearbox e�ciency: � gb [-] Motor e�ciency: � em [-]
Inverter e�ciency: � inv [-] DC-DC Converter e�ciency: � dc� dc [-]
PMAD e�ciency: � pmad [-] Fuel Cell (cruise) e�ciency: � fc [-]
Motor PD: �̂ em [kW=kg] Motor VPD: v�̂ em [kW=m3]
Inverter PD: �̂ inv [kW=kg] Inverter VPD: v�̂ inv [kW=m3]
Converter PD: �̂ dc� dc [kW=kg] Converter VPD: v�̂ dc� dc [kW=m3]

DC-DC converter(s) for both fuel cell and battery, and the power management and

distribution equipment responsible for handling the power split, according to the

selected level of hybridisation. Each of these components requires the speci�cation

of its speci�c power, also referred to as power density (PD), and its e�ciency, which

are entered as inputs into the sizing tool.

Additionally, the propeller is mechanically coupled to a gearbox, which follows its

own dedicated sizing process, detailed in chapter 3.9. Accounting for the gearbox

e�ciency allows assessment of its impact on the overall propulsion system sizing,

and additionally, enables future investigations into novel, high e�ciency propeller

or gearbox technologies.

The volumetric power density (VPD) of each component can also be included as an

optional input, supporting studies that consider the interactions between airframe

volume and propulsion system layout; however, these parameters are not essential

for a purely mass based sizing study. Table 3.4, summarises all of the necessary

propulsion system inputs, including the non-essential VPD parameters.

Finally, while this work assumes constant e�ciency values for all components (with

the exception of the fuel cell), it would be possible to extend the methodology by

incorporating more advanced e�ciency models or component e�ciency maps. Such

enhancements could yield greater �delity in future studies of powertrain perfor-

mance and integration.
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Table 3.5: 1F - Top Level Aircraft Requirements - Fuel Cell Performance Inputs

Parameter Unit Parameter Unit

Fuel Cell PD Kilowatts per kilogram Fuel Cell Time Constant Seconds
Fuel Cell E�ciency at cruise [-] Fuel Cell VPD [ kW=m3]

One of the novel components of this project, identi�ed through gaps in previous

research, concerns the implementation of a fuel cell model with a dynamic response

to variations in aircraft power demand across di�erent 
ight phases, as well as

the selection of the operational e�ciency during the cruise segment of the mission

pro�le. The modelling of the fuel cell is addressed in detail, within its dedicated

section; chapter 3.7.1.

To simplify the model for use within the sizing framework, the fuel cell is represented

through a concise set of user de�ned inputs, denoted in section 1, as inputs 1F, 'Fuel

Cell Parameters', within the methodology 
owchart. These required parameters

include the speci�c power of the fuel cell, the dynamic response time,� , and the

desired e�ciency at cruise.

Further clari�cation of the fuel cell response time, is provided later in the text. In

brief, it represents the technological responsiveness of the fuel cell system, showing

how rapidly it can adapt to changes in power demand, in
uenced by component

level characteristics, such as balance of plant dynamics or the performance of turbo-

normalising compressors, as well as the reaction rates of the fuel cell electrolyte

membrane material.

By enabling user de�ned control, over the fuel cell power density, response time,

and cruise e�ciency point, the model support a broad range of trade studies. These

studies allow for assessment of the potential performance and operational bene�ts

associated with higher fuel cell technology readiness levels. Table 3.5, highlights

the aforementioned parameters, and their respective units.

In support of the fuel cell hydrogen system as a whole, it is necessary to de�ne the
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Table 3.6: 1G - Top Level Aircraft Requirements - H2 Storage Tank Performance
Inputs

Parameter Unit Parameter Unit

Tank storage e�ciency [-] Tank radius Meters
Hydrogen storage temperature Kelvin Hydrogen storage pressure Pascals

technology level of the H2 storage tank; corresponding to section 1, inputs 1G, 'H2

Tank Parameters', within the sizing methodology 
owchart. Akin to the inputs for

the power train, the H2 tank also adopts the principle of e�ciency; however, in this

scenario, it refers to storage e�ciency, i.e., the storage capability as a function of the

mass or volume of the contained hydrogen. This concept is expanded upon in much

greater detail in chapter 3.7.4. The density of the hydrogen within the tank, which

also supports the sizing process, requires the input values for the hydrogen storage

temperature at altitude, and the associated storage pressure. Table 3.6, presents the

required parameters for the determination of the hydrogen storage tank sizing. The

tank radius, is taken as half of the �xed fuselage width. A dedicated optimisation

study exploring alternative tank sizes and con�gurations presents an opportunity

for an extending the current sizing tool, and for further research.

The �nal, major element of the sizing inputs in section 1, pertains to the battery,

de�ned as input 1H, 'Battery Parameters'. The inputs required for the battery

model are comparatively few , and include the speci�c power, the speci�c energy

(ED), battery e�ciency, deep discharge protection limit, and discharge rate. These

parameters are consistent with the discussion in the literature review, and are repre-

sentative of a battery model that does not explicitly incorporate a discharge curve,

as observed for some of the more advanced battery modelling approaches. All bat-

tery parameters and their respective units are presented in table 3.7.

A �nal, optional input is also available within the sizing methodology. This input,

denoted by inputs 1I, ' Extensions to the research question (i.e. arrays for technol-

ogy sweeps)', is represented by a dashed red line in section 1, of the 
owchart. It
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Table 3.7: 1H - Top Level Aircraft Requirements - H2 Battery Parameter Inputs

Parameter Unit Parameter Unit

Battery PD Kilowatts per kilogram Battery e�ciency [-]
Battery SE Kilowatts per Hour Battery deep discharge protection [-]
Battery discharge rate [-]

allows any of the preceding single value inputs to be replaced with arrays of values,

thereby enabling the sizing tool to perform parameter sweeps. These sweeps permit

for the determination of the optimal aircraft mass and con�guration for multiple

variable sets that would otherwise be treated as singular inputs.

For example, in this project, technology level sweeps are conducted for the DC-DC

converter power density. However, this optional input capability allows for multi-

variable sweeps, such as simultaneously varying both battery discharge rate and

speci�c power,to assess how advancements in battery technology could in
uence

the overall mass of the aircraft relative to current battery technologies.

With a complete understanding of the system inputs, it is now possible to provide

context as to how the inputs propagate throughout the methodology, and interact

within the process 
ow. Speci�cally, inputs 1B, 'Top-level aircraft performance

requirements', and 1D, 'Drag Polar (Simple / Complex) + aerodynamic parameters

for di�erent phase con�gurations', are utilised in section 2, 'Point Performance'.

The point performance stage, concerns the construction of the constraints diagram,

previously introduced in the literature review, and expanded upon, with the asso-

ciated equations in chapter 3.3. The primary purpose of the constraints diagram is

to determine the required power to weight, (P/W), as a function of wing loading,

(W/S), de�ned as the aircraft weight divided by a wing area, for each performance

constraint line. Each line is governed by a unique set of equations, corresponding

to a speci�c 
ight phase, or performance condition.

Once values for the power to weight ratio and wing loading have been established for
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all 
ight conditions, the methodology advances to section 2. If the non-structural

operational empty mass of the aircraft (excluding propulsion system), along with

the conventional fuselage and wing parasitic drag coe�cients, CD,min,fuselage and

CD,min,wing , are already known and hard coded, the hydrogen-electric aircraft sizing

process proceeds directly into section 4. However, if these parameters are not yet

de�ned, section 3, 'Conventional Aircraft Sizing' becomes active, providing the

necessary foundation, before transitioning into the main hydrogen-electric sizing

routine.

The premise of section 3, 'Conventional Aircraft Sizing', is to correctly size the

baseline conventional aircraft, that will later be adapted to incorporate a hydrogen-

electric propulsion system. This process enables a detailed breakdown of the aircraft

masses, allowing for the extraction of the non-structural operational empty mass

(OEM). In addition, the parasitic drag components of the conventional con�gura-

tion, namely CD,min,fuselage and CD,min,wing , are evaluated. These values are subse-

quently required during the hydrogen-electric aircraft sizing routine, as changes in

the wing and fuselage geometry will alter the corresponding drag characteristics.

To perform the conventional sizing, the methodology calls upon several key in-

puts from section 1, these being, inputs 1A, 'Initial MTOM', the starting point

initial MTOM estimation, input 1B, 'Top-level aircraft performance requirements',

1C, 'Top-level aircraft geometrical and structural parameters' and 1D, 'Drag Polar

(Simple / Complex) + aerodynamic parameters for di�erent phase con�gurations'.

Within section 3, a new methodology, involving an energy based mass calculation

regime is adopted. As discussed in the literature review, this method evaluates

the energy consumption for each time step, including the energy losses, derived

through the use of component e�ciency chains. These energy values are translated

into power, which is subsequently related to a series of fuel burn equations. When

integrated across the entire mission pro�le, the method yields the total mission fuel

80



3.1. MODEL INPUT PARAMETERS AND METHODOLOGY NAVIGATION

mass requirement.

The total aircraft mass is then determined through the summation of the fuel

mass, propulsion system mass, payload mass, and the structural and non-structural

masses, determined through the operational empty mass fraction (discussed in

chapter 3.4). This produces an updated aircraft mass, 'MTOMnew', which is com-

pared against that of the previous iteration, 'MTOMold '. The process repeats until

the absolute di�erence between these values satis�es the user de�ned convergence

criterion,� Conventional , which is set according to the desired simulation accuracy .

Once convergence is achieved, the �nalised aircraft con�guration is passed to a

subroutine that calculates the re�ned parasitic drag coe�cients for both the wing

and fuselage. With the non-structural operational empty mass and drag coe�-

cients established, section 3 successfully completes its role within the overall sizing

methodology.

Section 4, 'Mission Performance', utilises all inputs de�ned in section 1 ('Input

Parameters'), together with the outputs from section 2 ('Point Performance'), and

section 3 ('Conventional Aircraft Sizing). The process begins as in section 3, with

input 1A, an initial estimate for the aircraft's MTOM. This value is iteratively

updated until all convergence criteria are realised.

The corresponding power to weight ratio and wing loading values are then used to

determine the power requirements for the fuel cell and associated ancillary systems.

The cruise power is used to de�ne the nominal power of the fuel cell, while a check

is performed to ensure that the system is capable of supplying take-o� power, where

this is required, by the current level of hybridisation being investigated.

A 'Mission Analysis' is subsequently conducted, which accounts for every time step

of the 
ight pro�le. During this analysis, the energy demand for each compo-

nent is calculated, accounting for its e�ciency, and position within the propulsion
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system architecture. This data is then passed to the appropriate subroutine to

determine the power requirements of the fuel cell, its balance of plant (BoP), the

turbo-normalising compressor and the cooling system. Simultaneously, the battery

energy demand is assessed according to the hybridisation of power level, and any in-


ight recharging requirements are incorporated. The instantaneous H2, and battery

masses are also updated at each time step.

Once the mission analysis is complete, the H2 tank is dimensioned. The tank width

is held constant, while its length is permitted to increase as required. This growth

in the tank length necessitates a lengthening of the fuselage, which is implemented

within the geometry recalculation subroutine. Within this routine, the wing geom-

etry is also resized to maintain the prescribed wing loading.

Following the geometric update, the parasitic drag of the wings and fuselage is recal-

culated. The revised drag coe�cients alter the drag polar, which in turn e�ects the

constraint diagram established in section 2. Consequently, the constraint diagram

subroutine is invoked once again (as indicated by the green arrow on the diagram),

to update the power to weight ratios, based on the new aerodynamic properties. If

mass convergence has not yet been achieved, a new iteration of the sizing loop is

initiated.

As in Section 3, a summation of all mass components is performed at the end of

each iteration. However, the hydrogen-electric aircraft sizing routine in section 4,

introduces additional convergence criteria. Each mission analysis run, may trigger

a resizing of the fuel cell, thereby altering the hydrogen mass, balance of plant,

and cooling requirements. These changes in
uence the fuselage length, wing area,

and aerodynamic characteristics, which in turn modify the fuel cell power demand,

creating an iterative feedback cycle.

These stopping criterion are denoted as� F uelcellpower , for the fuel cell stopping cri-

terion, the units for this particular criterion are in Watts, and the tool user can
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de�ne a value suitable for the simulation requirements. The next stopping criterion

is � W ingarea which checks convergence for the wing area, and is given in the units

of meter; The stopping criterion here should be minimal, to ensure that the wing

is not unnecessarily over-sized. The fuselage stopping criterion, also in meters, is

given by � F uselagelength , and this detects any additional growth brought about by the

hydrogen tank resizing. Finally, just as with section 3, a stopping criterion to detect

convergence on the mass is given as the �nal requirement for the tool to meet; this

is denoted as� Hydrogenelectricaircraf tmass , and as before, the units are in kilograms.

Once all of the stopping criterion are satis�ed, the process is completed, and the

methodology moves into the 'Sized Hydrogen Electric Aircraft' diamond, of section

4, and the aircraft with the selected �gure of merit, which in this scenario is that

of the lowest mass, is correctly sized.

The preceding descriptions of the sizing process, and methodology, at this stage may

appear to be somewhat lacking in technical information, and give rise to additional

questions from the reader, regarding some of the �ner details of the sizing steps.

These questions and ambiguities aim to be closed within the main body of the

thesis.

3.2 Top Level Aircraft Requirements and Aero-

dynamic Assumptions

The reference aircraft for the model is sized for a given set of top level requirements

and mission requirements, including reference speeds, distances and contingencies,

all with respects to the necessary certi�cation requirements, akin to that of the

real aircraft, which in this scenario, are taken from the CS-23 easy access rules for

normal, utility, aerobatic and commuter category aircraft regulations [97], pilots

operating handbook, and the aforementioned previous studies, which will be placed
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Table 3.8: Top Level Aircraft Requirements [94]

Parameter Value Parameter Value

Take o� distance (m) 793 Diversion Speed (m/s) 85
Start airport altitude (m) 0 AEO ROC at SL (m/s) 8
Cruise altitude (m) 3000 OEI ROC at SL (m/s) 2
Destination airport altitude (m) 0 Range (km) 396
Diversion altitude (m) 1000 Diversion range (km) 270
Loiter altitude (m) 450 Loiter time (min) 30
Cruise speed (m/s) 115 Payload (kg) 1960
Stall speed (m/s) 34.5 Reserve fuel (%) 5

in competition in order to yield the most accurate set of inputs into the sizing tool.

These competing values are shown in table 3.8 [94], from herein referred to as study

A, and table 3.9 [38], from herein referred to as study B, for their respective studies.

It can be seen that table 3.8 is somewhat more populated for parameters pertaining

to diversion and loiter requirements. However, the data presented within table 3.9

is consistent with 3.8, with the exception of the stall speed constraint, which shows

a 10.5% increase; the in
uence from this will be available to see during the later

discussion of the constraints diagram. The reader at this point may question the

necessity of looking across two separate sets of values for resizing an aircraft, and

the logic behind this decision can be quite simply stated as the following; a study

may appear to be comprehensive, with complex computational 
uid dynamics and

complex equations, however this does not necessarily mean that it is correct, and

vice-versa, a somewhat more 'simple' looking study may not present the most high

�delity equations or analysis, but the value of the study when used in a slightly

di�erent context may lead more acceptable results for the new study in question.

Additionally, the author would also like to observe the potential for any diminishing

returns that may result from expending time into pursuing high �delity aerodynamic

models, relative to those taken form text books, and other data already available

in the �eld.

In addition to the TLARs, there is also a requirement for a complementing set of
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Table 3.9: Top Level Aircraft Requirements [38]

Parameter Value Parameter Value

Take o� distance (m) 793 Diversion Speed (m/s) [-]
Start airport altitude (m) 0 AEO ROC at SL (m/s) 8
Cruise altitude (m) 3000 OEI ROC at SL (m/s) [-]
Destination airport altitude (m) 0 Range (km) 396
Diversion altitude (m) [-] Diversion range (km) [-]
Loiter altitude (m) [-] Loiter time (min) [-]
Cruise speed (m/s) 115 Payload (kg) [-]
Stall speed (m/s) 38.1 Reserve fuel (%) [-]

Table 3.10: Aerodynamic Properties Estimation [38]

Parameter Value

Minimum drag coe�cienct: [-] 0.0288
Take o� drag coe�cienct: [-] 0.05
Take o� lift coe�cient: [-] 0.7
Maximum lift coe�cienct: [-] 2.2
Lift induced drag constant:[-] 0.0592
Lift to drag ratio: [-] 10.98

aerodynamic properties for the aircraft. As previously discussed, the aerodynamic

properties of commercially available aircraft are seldom seen in the public domain.

Fortunately, the studies which present the separate sets of TLARs, also discuss

means to generate the drag polar for the aircraft. Study B, uses initial assump-

tions based on empirical data for CS-23 category aircraft, which are re�ned using a

vortex lattice methodology, within Stanford University's, conceptual aircraft design

software Stanford University Aerospace Vehicle Environment (SUAVE)[98]. The

Aerodynamic properties of the Dornier 228 presented in study B, are shown in

table 3.10. Study B uses the simpli�ed drag polar as previously discussed.

Study A, attains an extended drag polar, using the higher order method of Reynolds

Averaged Navier Stokes (RANS) CFD simulations, presented in [94], rather than

going for a classical drag build up appraoch, usually presented in aircraft design

textbooks. The author makes use of NASA's open source parametric geometry soft-

ware, OPENVSP [99], and three view drawings of the aircraft to create a reference
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geometry, which could be transferred to Siemens' simulation package, StarCCM+,

for the study to be completed. The author of this project also attempted to repeat

the results of this test, for validation purposes. However, post completion of the

reference geometry, time constraints, and limited access to the required software

prohibited this validation step. It will be noted in the further research and recom-

mendations section, this will be addressed. The reference geometry created by this

author, including the modelling of the DO-A5 airfoil pro�le for the main wing, is

presented in �gure 3.3. The aerodynamic properties estimation based on the CFD

from study A, are given in table 3.11. It is important to note that study A also

includes the changes to the coe�cient of lift due to the e�ects of high-lift surfaces

(
aps), at di�erent settings.

Figure 3.3: Dornier 228 Reference Geometry in OPENVSP

In the event that it is not possible to attain suitable aerodynamic properties from

previous research, it is practical to use drag-build up methods [31] [19]. With a set

of acceptable TLARs and the aerodynamic properties of the aircraft obtained, it

is possible to move onto the constraint analysis section of 
ow chart. As a further

alternative, [20] presents a useful table of typical aerodynamic characteristics for

various aircraft; a small selection of which are detailed in table 3.12.
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Table 3.11: Aerodynamic Properties Estimation [94]

Parameter Value

Minimum drag coe�cienct: [-] 0.029
Take o� drag coe�cienct: [-] 0.1694
Take o� lift coe�cient: [-] 1.34
Maximum lift coe�cienct (CLmax): [-] 1.7
Lift induced drag constant:[-] 0.0561
Lift to drag ratio: [-] [-]
� CLmax take o� 
aps [-] 0.73
� Clmax landing 
aps [-] 0.97

Table 3.12: Aerodynamic Characteristics for Various Aircraft Types

Aircraft Type CD;min CD;T O CL;T O Comments

Twin Turboprop 0.025-0.035 0.035-0.045 � 0.8 Flaps in TO Position
Single Engine GA 0.028-0.035 0.038-0.045� 0.7 Flaps in TO Position
Jet Transport 0.020-0.025 0.030-0.038 � 0.8 Flaps in TO Position

3.3 Hydrogen-Electric Aircraft Constraint Dia-

gram

The Pmax of the aircraft is an output from the constraints diagram, discussed previ-

ously, and referenced as section 2, within the aircraft design methodology 
owchart,

and using inputs 1B, 'Top-level aircraft performance requirements', and 1D, 'Drag

Polar (Simple / Complex) + aerodynamic parameters for di�erent phase con�gura-

tions', as the primary input; �gure 3.4, a condensed version of the main methodology


owchart, shows the relative position of the proceeding discussion, speci�cally for

the constraints diagram calculation, within the process 
ow, as identi�ed by the

green highlighted box of section 2. The equations for each constraint, take-o� dis-

tance, cruise speed, rate of climb and stall speed, are dealt with separately, with

their own set of respective equations. The output ofT=W to W=S, is transposed

to re
ect the use of power rated equipment, i.e motors, and presented in terms of

power to weight P=W to W=S. This is achieved with with equation 3.1, assuming

propeller e�ciency, � p as a functions of airspeed.
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Figure 3.4: Flowchart Discussion Position - Point Performance

P =
T � v
� p(v)

(3.1)

Where:

P = Power

T = Thrust

v = Velocity

� P = Propeller e�ciency

As previously discussed, study A and B use di�erent forms of the drag polar, and as

such the equations pertaining to each constraint vary due to this; these equations

are presented below.
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3.3.1 Take-O� Distance Constraint

Equations 3.2 through 3.4 describe the equations for the take-o� distance constraint

used in study A, extended from the work of [20]. These equations are used to de-

scribe theT=W required in order to achieve a speci�c ground run distance, during

take-o�, under the conditions of averaged acceleration. equation 3.5 pertains to the

take-o� distance constraint from study B, taken directly from [20]; again, averaged

acceleration is assumed.

Study A:

�
T
W

�

T OD

=
v2

T O

2 � g � SG
+

q � CD;T O
W
S

+ � �

 

1 �
q � CL;T O

W
S

!

(3.2)

Where

vT O = 1:1 �

s
2 � W

S

� � CL;T O
(3.3)

And simplifying to

�
T
W

�

T OD

= 1:21�
W
S

g � SG � � � CL;T O
+ 1:21�

CD;T O

CL;T O
� 0:21� � (3.4)

Study B:

�
T
W

�

T OD

=
v2

T O

2 � g � SG
+

q � CD;T O
W
S

+ � �

 

1 �
q � CL;T O

W
S

!

(3.5)

Where for study A and B:

T=W = Thrust to weight ratio

vT O = Take-o� speed

g = Gravitational constant

SG = Ground run distance
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q = Dynamic pressure at condition (equation 3.6)

CD;T O = Drag coe�cient at take-o� conditions

W=S = Wing loading

� = coe�cient of friction on runway (taken as 0.04 [20])

CL;T O = Lift coe�cient at take-o� conditions

� = Air density at take-o� altitude

Equation 3.6 describes the dynamic pressure that the aircraft will experience at a

given condition; it is imperative to know that this is not a �xed value, and changes

depending on the 
ight condition, as a function of the altitude and aircraft's velocity

squared.

q = 0:5 � � � v2 (3.6)

3.3.2 Cruise Speed Constraint

The following equations, 3.7, and 3.8, are used to determine theT=W necessary, to

achieve the prescribed cruise speed at a cruise altitude.

Study A:
�

T
W

�

cruise

=
q
W
S

�

0

@CD;min + k �

 
W
S

q
� CL; 0

! 2
1

A (3.7)

Study B:
�

T
W

�

cruise

= q � CD;min �

 
1
W
S

!

+ k �
�

1
q

�
�
�

W
S

�
(3.8)

Where for study A and B:

CD;min = Minimum drag coe�cient

k = Lift induced drag constant; this was discussed in the literature review, but is

presented below in equation 3.9

CL; 0 = Lift coe�cient at 0 � angle of attack
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k =
1

� � AR � e
(3.9)

Where:

AR = Wing aspect ratio

e = Oswalds's span e�ciency factor

3.3.3 Rate of Climb Constraint

The Rate of Climb (RoC) constraint equation yields theT=W required for a given

rate of climb with respects to the wing loading,W=S. As well as the vertical climb

rate, vv, both equations require a velocity for the aircraft along the horizontal axis,

vy. Study A, achieves this for a case using the advanced drag polar, developing a

set of equations, presented here as 3.11, and 3.12, wherevaux , is used as an interim

variable, and assumes that the lift-to-drag ratio,L=D, is 86.6% of the maximum

lift-to-drag ratio, L=Dmax for the case of a propeller driven aircraft. This is not an

arbitrary value that has been selected for the lift-to-drag ratio percentage, but is

once again taken from stalwart aircraft design text books [19] [31]

Study A:

vL=D;max =

" �
m � g
�
2 � S

� 2

�
k

CD;min + K � C2
L; 0

#1=4

(3.10)

vaux =
m � g � (2 � k � L

D � CL; 0 + 1)
L
D � � � S � (CD;min + k � C2

L; 0)
(3.11)
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v2 = vaux �
q

v2
aux � v4

L=D;max (3.12)

CL =
m � g

�
2 � v2 � S

(3.13)

�
T
W

�

RoC
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+
q
W
S

�
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q
� CL; 0

! 2
1

A (3.14)

Study B:
�

T
W

�

RoC

=
RoC
vy

+
q

�
W
S

� � CD;min +
k
q

�
�

W
S

�
(3.15)

Where:

m = Aircraft mass

S = Aircraft wing area

Note - m and S combine with the gravitational constant term to put the analysis in

terms of W=S.

L=D = Lift-to-drag ratio

RoC = Rate of climb

vL=D;max = Velocity at maximum lift-to-drag ratio

3.3.4 Rate of Climb Constraint - One Engine Inoperative

(OEI)

Not discussed in study B, is the event in which an aircraft with multiple propellers,

or rotors, su�ers a failure of one of the propulsion devices, at take-o�, when the

aircraft is above thev1 decision speed, and must continue with the take o�. In this

event the aircraft must climb with a reduced RoC to account for the loss of power.
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Study A, makes the simple adjustment to the standard climb constraint equation

to factor in the loss of a propulsion device, or branch.

Study A:
�

T
W

�

RoC;OEI

=
NoD

NoD � 1
�
�

T
W

�

RoC

(3.16)

Where: NoD = number of propulsion devices

3.3.5 Stall Speed Constraint

The �nal constraint is the stall constraint, and unlike its' counterparts discussed

previously, here the constraint is not a function of theT=W, but rather, has the

wing loading as it's result, in the form of an isobar on the constraint diagram, and

relies on the maximum lift coe�cient, CL;max and the aircraft stall speed,vstall .

Study A:
�

W
S

�

stall

=
�
2

� v2
stall � CL;max (3.17)

Study B:
�

W
S

�

stall

= qstall � CL;max (3.18)

Results of the Constraints Diagram

Plotting both sets of equations to their respective sets of aerodynamic, and mission

parameters, yields a constraint diagram, as per �gure 3.5, for the aircraft according

to study A and B. It is clear to see that there are a number of disparities between

both studies. These will be discussed, such that the most accurate set of competing

results, when compared to the reference aircraft will be used.

The maximum wing loading, dictated by the stall constraint isobar, will be ad-

dressed �rst, and a compromise made for the wing loading, from which to take
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Figure 3.5: Dornier 228 Constraint Diagram

the remainder of the power to weight values. The equations of study A calculates

a maximum wing loading of 1946.5 N/m2 , while Study B calculates a maximum

wing loading of 1956 N/m2. This represents a di�erence of 9.5 N/m2, or 0.49%. To

give both studies more context, it is important to consider the real aircraft, which

has a given Maximum Take O� Mass (MTOM) of 6400 kg, or when converted to

Newtons, 62784N, and dividing by the reference wing area of 32m2, yields a wing

loading of 1962 N/m2. This translates to a 15.5 N/m2, or 0.8% di�erence from

study A, and a 6 N/m2, or 0.3% di�erence from study B. The comparison between

the values for shaft power to weight for each 
ight condition and study will be

taken with reference to the stall isobar for study A; using either isobar would be

acceptable as the values for the stall line are acceptably close. In order to align

the two studies somewhat, the take o� and climb constraint lines for the aircraft of

study B, are subjected to the more advanced equations which pertain to take o�

and climb, used for aircraft A, as the initial values obtained, far exceed any rational

result.

These power to weight values are now available to use and in input into the

hydrogen-electric mission performance function of the sizing tool.
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3.4 Aircraft Sizing

Although this project requires the sizing of a hydrogen-electric aircraft, which is

in turn used to determine the potential bene�ts when improvements are made to

the power converter technology, it is �rst necessary to consider the sizing of the

conventional aircraft, within the context of traditional methodologies, before moving

onto the discussion of a conventional aircraft sized by the updated methodology, as

shown in the methodology 
owchart. This is also referred to as a class 1 analysis,

for aircraft mass estimation, for a conventional aircraft.

Note that although both aircraft variants are di�erent in terms of their propulsion

system, they are identical in respect to the build up of their total take o� mass,

these masses being described by the fundamental masses in equation 3.19

MTOM = MOEM + M payload + M fuel (3.19)

Where M payload is the mass of aircraft's payload; this includes passengers, luggage

and any additional cargo. M fuel is the mass of the fuel required for the aircraft's

mission. And, of particular note for this section isMOEM , which describes the

aircraft's Operational Empty Mass (OEM). Traditionally the OEM includes the

structure, engines, landing gear, �xed equipment, avionics, furnishings and anything

else that is not considered as payload or fuel.

The M payload is provided as part of the TLARs, and as such the remaining unknowns

for the conventional aircraft are theM fuel and the MOEM . These however, in tradi-

tional sizing are dependent on the MTOM, and an iterative approach to determine

the �nal MTOM is used. [19] expresses these masses as functions of MTOM, using

fractions of the total take o� mass, these beingM OEM
MT OM , for the OEM mass fraction,

and M fuel

MT OM , for the fuel. This yields the following set of equations which can be
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used to describe the aircraft's total mass as a function of the mass fractions.

MTOM = M payload +
�

MOEM

MTOM

�
� MTOM +

�
M fuel

MTOM

�
� MTOM (3.20)

MTOM �
�

MOEM

MTOM

�
� MTOM �

�
M fuel

MTOM

�
� MTOM = M payload (3.21)

MTOM =
M payload

1 �
�

M OEM
MT OM

�
�

�
M fuel

MT OM

� (3.22)

The fuel fraction estimation is something of an involved process which is dependent

upon the 
ight mission, the aircraft's aerodynamic properties, and the speci�c fuel

consumption of the engine. The fuel fraction must also be sympathetic to mission

reserve fuel, and trapped fuel which cannot be scavenged from the tanks.

Various mission pro�les exist for di�erent aircraft, and the mission of the speci�c

aircraft maybe governed by customer TLARs, but, will ultimately be overshadowed

by airworthiness regulations, such as the CS-23 standards previously mentioned

[97]. A simple cruise mission may be identi�ed by the following characteristics,

including, takeo�, climb, cruise, descend, loiter in the event of a temporary airport

or runway closure, and �nally a landing phase. This is depicted in �gure 3.6.

For commercial transport, additional range or 
ight time is required; this could

be for a longer loiter period or for a diversion to an alternate airport. The CS-23

regulations stipulate for commercial aircraft under visual 
ight rules, operators must

account for an additional 30 minute (minimum) fuel reserve, intended to ensure that

the aircraft has su�cient endurance for a safe diversion or alternate operations; this
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Figure 3.6: Simple Cruise Pro�le

is available in �gure 3.7.

Figure 3.7: Commercial Transport Cruise Pro�le

Determination of the fuel mass fraction for an aircraft which does not experience a

sudden drop in mass during the 
ight, such as a �ghter aircraft dropping weaponry,

assumes that the fuel used during each mission segment, is proportional to the

aircraft weight during that mission segment. The various mission segments are

numbered, as shown in �gure 3.6, with '0' denoting the beginning of the 
ight

pro�le. The mission segment weight fraction for some 'ith ' segment is given as W i
W i � 1

.

The total fuel weight fraction W i;end

W0
is given by the product of all of the mission
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Table 3.13: Historical Mission-Segment Weight Fractions

Flight Segment W i
W i � 1

Warm-up and takeo� 0.970
Climb 0.985
Landing 0.995

segments. Hence, for �gure 3.6, the fuel fraction is re
ected by equation 3.23.

W6

W0
=

W6

W5
�

W5

W4
�

W4

W3
�

W3

W2
�

W2

W1
�

W1

W0
(3.23)

At this stage the weight fractions are unknown. Historical weight segment fractions

are available from [19] for the warm-up and take o� segments, climb segment and

landing segment, given in table 3.13. The downside to using these values, which

are more akin to a jet transport aircraft, is somewhat apparent, in that the values

may be subject to change, depending on the aircraft variant under consideration,

and this could lead to some mis-estimation for the �nal aircraft mass. Values for

the descent segment are also ignored by this legacy methodology; again leading to

further inaccuracy.

With values for the warm-up and take-o�, climb and landing, this leaves the re-

quirement to determine the fuel weight fractions for the cruise and loiter phases.

This can be achieved using the Breguet range and endurance equations. The change

in weight or mass of an aircraft with respects to fuel burn, in a time step can be

realised by equation 3.24.

� Weight = � SFC � Thrust � � t (3.24)

Where:

� Weight = Change in aircraft weight
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SFC = Speci�c fuel consumption

Thrust = Thrust produced by the aircraft

� t = Time step

Note that the Speci�c Fuel Consumption (SFC) is presented with a negative sign,

as this symboloises that the aircraft is consuming fuel. SFC, also termed Thrust

Speci�c Fuel Consumption (TSFC) for thrust producing engines, is the rate of

fuel consumption divided by the resulting thrust. This is usually measured in

the mass of fuel 
ow per hour, per unit of thrust force, such as pounds of fuel

per hour per pound of thrust; this can be converted to milligrams per Newton-

second. Analogous to TSFC for aircraft producing thrust via a propeller, is Brake

Speci�c Fuel Consumption (BSFC). Thrust and power can be related by a function

of velocity and propeller e�ciency, as per equation 3.25.

Thrust =
� p � Power

V
(3.25)

Where:

� p = Propeller e�ciency

V = Velocity

Continuing with range with respects to change in aircraft mass, equation 3.26 shows

this relationship, as an elemental change in distance with respects to an elemental

change in mass.

� s = V1 � � t =
V1 � � Mass

SFC � Thrust
(3.26)

Where:

� s = Change in distance

V1 = Free-stream velocity of the aircraft (assumed constant)
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During the cruise and loiter phases, the aircraft is in a state of equilibrium, where

lift, L , equals weight,W, and thrust, T equals drag,D. The ratio of lift to drag,

L=D is assumed constant across the entire 
ight segment, even though in practical

terms the lift will change as result of the aircraft burning fuel, and reducing in

mass, which therefore alters the value of lift. TheL=D can be incorporated into

the elemental distance equation to yield equation 3.27. It is also worth noting, that

depending on the propulsion variant, either propeller or jet, the values forL=D

are taken as 86.6% of (L=D)max for an aircraft with jet engines, or (L=D)max for

propeller driven aircraft; this is speci�c to the cruise phase only, and will change

to 86.6% of (L=D)max for an aircraft with propellers, and (L=D)max for an aircraft

with jet engines, during the loiter stage.

� s = �
�

V1

SFC

�
�
�

L
D

�
�

� Weight
Weight

(3.27)

Holding the L=D, SFC, and velocity as constant when integrating equation 3.27 to

get the total distance, or range,R, allows the constant terms to be taken out of the

integration, generating the following equation, 3.28.

R =
�

V1

SFC

�
�
�

L
D

�
� ln

Wi � 1

Wi
(3.28)

Rearranging to give the fuel weight fraction for the cruise segment is show in equa-

tion 3.29

Wi � 1

Wi
= exp

 
� R � SFC

V1 � L
D

!

(3.29)

The fuel fraction for the loiter phase, also known as the endurance,E, phase is

handled with a slight alteration to equation 3.29. The endurance is a measure
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of the aircraft in a particular con�guration for a given time, rather than a given

distance, as previously discussed with the range equation. Equation 3.30 presents

the equation for Breguet endurance, and transposing yields the mass fraction for

the loiter phase, in equation 3.31.

E =

 
L
D

SFC

!

ln
Wi � 1

Wi
(3.30)

Wi � 1

Wi
= exp

 
� E � SFC

L
D

!

(3.31)

When all of the fuel mass fractions per segment are combined into single equation,

it is possible to describe the complete fuel mass fraction for the 
ight pro�le in

�gure 3.6 as follows. The addition of extra segments to the 
ight pro�le, such as a

diversion, can be added by simply placing the appropriate mission segments value

or equation into the fuel fraction equation.

W6

W0
= 0:995� exp

 
� E � SFC

L
D

!

� 1 � exp

 
� R � SFC

V1 � L
D

!

� 0:985� 0:970 (3.32)

As previously mentioned, some degree of reserve and trapped fuel must be accounted

for, in the order of approximately 5% of the total fuel mass. This is taken care of in

equation 3.33, to yield the �nal fuel fraction, where, RFF is the reserve fuel factor.

M fuel

MTOM
= (1 + RFF ) �

�
1 �

W6

W0

�
(3.33)

The values forL=D can be determined through the drag polars presented earlier,

or by using methods commonly presented in aerospace textbooks [19][31][58]. Al-
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Table 3.14: General Speci�c Fuel Consumption Values for Various Propeller Aircraft

Aircraft Type Cruise Phase (mg/W-s) Loiter Phase (mg/W-s)

Piston-prop (�xed pitch) 0.068 0.085
Piston-prop (variable pitch) 0.068 0.085
Turboprop 0.085 0.101

Table 3.15: General Speci�c Fuel Consumption Values for Various Jet Aircraft

Aircraft Type Cruise Phase (mg/N-s) Loiter Phase (mg/N-s)

Pure turbojet 25.5 22.7
Low-bypass turbofan 22.7 19.8
Turboprop 14.1 11.3

ternatively, if the aircraft is known or has a close relative, databases of values are

available from the manufacturers of the PIANO aircraft design software [100].

If the BSFC in unknown, using [19], it is possible to ascertain representative values

for the various aircraft classes, these are provided for the readers reference in table

3.14 for propeller aircraft, and table 3.15 for jet propelled aircraft.

In order to improve the accuracy of the BSFC values in the analysis, it is important

to note that turbojet and turbofan engines su�er in terms of fuel e�ciency when

they operate below their maximum thrust or power setting. Reducing the throttle

results in a reduction in thrust, which is more than proportional to the value at

which the fuel 
ow reduces, with a noticeable increase in SFC below approximately

90% thrust. Some engine manufacturers provide part power tables, which describe

SFC as a function of thrust, across various altitudes and 
ight speeds. Where

part power tables are unavailable, the author of [101] developed a semi-emperical

equation to approximate the e�ect of part power on SFC, simulating a realistic

increase in SFC as thrust is reduced; this is presented in equation 3.34, and is

referred to as the Mattingly equation.
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SFC
SFCmax;dry

=

 
0:1
T

Tmax;dry

!

+

0

@ 0:24
T

Tmax;dry

0:8

1

A +
�

0:66�
T

Tmax;dry

0:8�
+ (3.34)

 

0:1 � M

"
1
T

Tmax;dry

�
T

Tmax;dry

#!

Where:

SFCmax;dry = Maximum SFC for the engine at a given condition for altitude and

speed. 'Dry' refers to an engine without an afterburner.

Tmax;dry = Maximum thrust from the engine at a given condition for altitude and

speed. Using an engine without an afterburner.

M = Mach number.

The reference aircraft takes advantage of the Honeywell TPE331-10 turboprop en-

gine, for which full power BSFC data is available [102], and presented in �gure 3.8.

Unfortunately, the manufacturer does not provide any part power tables, and as

such these will need to be calculated, for accurate SFC values for the conventional

reference aircraft, in the aircraft sizing tool.

The data presented uses shaft horsepower, and true airspeed, as opposed to thrust,

and Mach number. Turboprop engines are in essence a turbine, similar to a turbojet

engine, however the shaft of the turbine is connected to a gearbox which produces

power, and is in turn connected to a propeller; the part power performance equation

is therefore deemed acceptable to use for this type of engine.

True Air Speed (TAS), is related to Mach number, M, through equation 3.35, where

a is the speed of sound, at altitude. As the speed of sound changes with altitude,

an arbitrary value of TAS at sea level, will not yield the same Mach number as the

equivalent TAS, at some increase in altitude, and as such it is not possible to use

the data directly from �gure 3.8; augmentation is required, such that it can be used

with the Mattingly equation for part power tables.
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Figure 3.8: TPE331 Brake Speci�c Fuel Consumption (BSFC) plot (Blue Line =
SFC and Grey Line = Power) [102]

M =
TAS

a
(3.35)

The speed of sound at altitude can be calculated through equation 3.36.

a =
p


 � R � T (3.36)

Where:


 = Ratio of speci�c heats, and given as 1.4 for air at standard conditions

R = Speci�c gas constant for the medium. Air is given as 287J=(Kg � K )

T = Absolute temperature, in Kelvin

As an example to highlight the mismatch between Mach number and TAS at various
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altitudes, this is provided using a commercial airliner who's entire career was based

at 
ying beyond 'the speed of sound'. Concorde, has a cruising altitude of 60,000

feet and cruises at 2120 km/h, or 588.9 m/s when converted. At 60,000 ft, the

air temperature is approximately 217 Kelvin, yielding a speed of sound of 295.5

m/s, and dividing the cruise speed by the speed of sound gives a cruising speed of

Mach 2. The same scenario for a 588.9 m/s cruise at sea level (if this was indeed

possible), where the standard atmosphere provides a temperature of 288.2 Kelvin,

yields a speed of sound of 342 m/s, giving a Mach number of 1.72.

Using this information, the SFC data for the TPE331 is augmented to show power

and fuel consumption with Mach number and altitude. Additionally an interpola-

tion function is set up within the transposition code such that it is possible for the

aircraft sizing tool to be able to calculate the SFC across the entire range of alti-

tudes that the aircraft will experience. A value of 1000m, or 3281ft when converted,

is included as a representative example of the interpolation, in �gure 3.9.

Figure 3.9: Brake Speci�c Fuel Consumption (BSFC) with Altitude and Mach
Number

To enable the use of the Mattingly equation, it is necessary to convert the fuel


ow data from a power with respects to fuel 
ow plot, to a thrust with respect

to fuel 
ow plot. In order to achieve this, the �rst step is to convert the power
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provided by the plot, in horsepower,PHP , to a usable value in kilowatts,PkW ,

by multiplying the value from the plot by 0.7457. The second stage requires the

calculation of the velocity in meters per second,Vm=s, from the provided Mach

number of the augmented plot, for the selected altitude. Dividing the values of

power by the velocity, yields a value thrust, in kilo-Newtons, which is converted to

thrust, in pound force, Tlbf , when multiplied by 224.81; this is shown in equation

3.37 for clarity. This is done for all of the altitude isopleth in �gure 3.9. During

the conversion process, the SFC values are converted from a value of pounds per

hour, lb=hr, for the total horsepower, into a value of pounds of fuel per hour per

pound force, lbs/hr/lbf. This is done by taking the corresponding value of SFC

which relates to the power being converted to thrust, and dividing the SFC by the

new thrust value; shown in equation 3.38. The new isopleths for SFC with Mach

number, and thrust with Mach number are presented in A.6. As with the previous

set of values before the conversion precess, the value for 3281ft is also shown to

demonstrate the interpolation capabilities of the tool. The ability to interpolate

the fuel 
ow data allows the sizing tool to be able to calculate exact fuel 
ow

values, and as such the fuel mass, across any mission pro�le, and 
ight conditions.

Tlbf =
�

PHP � 0:7457
M � a

�
� 224:81 (3.37)

SFClb=hr=lbf =
PHP � 0:7457

M � a
� 224:81 (3.38)

Using the thrust 
ow data and the Mattingly part power equation, it is possible

to generate a series of part power tables for the engine. To represent how the fuel

consumption and in-turn, the e�ciency of the engine changes when the throttle is

reduced, from full power. A representative example for the interpolated altitude of

3281ft is shown in �gure 3.11, with the remaining part power tables for the various
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Figure 3.10: Thrust vs Mach Number and Corresponding Speci�c Fuel Consumption
(SFC) with Mach Number

other altitudes, displayed in the appendix. Taking a twin engine aircraft which is

cruising at 85m/s with a thrust requirement of 432lbf (per engine) at 3281ft, for one

hour, the fuel 
ow rate is determined through the interpolated part power tables as

0.4263 lbs/hr/lbf, giving 184lbs of fuel consumed per engine; 368lbs total. However,

if the aircraft design tool was to only consider the values initially provided by

the un-interpolated data from the manufacturer, the same aircraft under the same

conditions would be slated to consume 0.27236 lbs/hr/lbf, which would yield a value

of fuel consumed by each engine of 117.6lbs, resulting in a total fuel consumption

by both engines of only 235.2lbs. This is a di�erence of approximately 36% from

the correct value, and in addition, this mass would propagate error through the rest

of the mass sizing, and cause the �nal aircraft mass to be severely underestimated.

Likewise, the averaged value of BSFC provided by [19], of 0.55lb/hr/bhp gives a

fuel mass consumed of 235.4lbs; a near identical underestimation to the uncorrected

tables.

Having a methodology for determining accurate inputs for the SFC variables of the

Breguet cruise and loiter equations, focus now returns to the empty mass fraction

determination.
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